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This document _as prepared in compliance with the requirement for ,the
. final report for National _ronautics and Space Administration contract

NAS 7-124, "Propulsion Requirements for Soft Landing in Extraterrestrial
Environments."

ABSTRACT /_qqoO

Volmmes IIA and IIB, "Propulsion Requirements for Soft landing in Extra-

terrestrial 7_vironments," present the analyses conducted under NASA

Contract NAS 7-124. Landing trajectory, concepts applicable to landings

on the moon, l_rs, Venus, l_rcury and the Earth were analyzed to define

the required propulsive maneuvers and to determine the optimum charac-

teristics of propulsion systems for performance of these maneuvers.

Related investigations presented herein were conducted to determine

appropriate interplanetary trajectories upon which to base landing

analyses and to evaluate takeoff propulsion requirementsi_ _

±
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INTRODUCTION

Presented in this volume are the analyses conducted and results obtained in

the study, "Propulsion Requirements for Soft Landing in Extraterrestrial

Environments." The study was performed (I) to define the most suitable

landing concepts for landings on Mars, Venus, Mercury, Earth and the moon,

in order to specify the required propulsive phases, and (2) to determine the

optimum characteristics of propulsion systems for these propulsive phases.

Analysis of landings on.these bodies entailed initially the Selection of

appropriate transfer trajectorie_ and consequent planetary arrival conditions;

these results provided the applicable initial conditions upon _._ich to base

subsequent studies of landing maneuvers. The sequence of maneuvers camprising
an extraterrestrial landing operation was dependent primarily on the presence

or absence of an atmosphere about the destination body. As a result, the

landing maneuver profiles were qualitatively, though not quantitatively,
similar for the all-propulsive lunar and Mercury landings, and for the Earth,

Mars and Venus landings, which utilized the atmospheres of those bodies for a

major part of the required vehicle deceleration.

For a landing mission as defined in this study, the first in the chronological

sequence of propulsive and aerodynamic maneuvers considered for terrestrial

and extraterrestrial landing phase analyses was the propulsive terminal
correction utilized to establish the initial conditions required for safe

entry into a planeta_ _ atmosohere or deceleration into a prescribed plane-
tocentric circular orbit. This maneuver, in preference to earlier (e.g.,

midcourse correction) or later (e.g., deceleration into orbit) maneuvers

was chosen, first, because it is essential to satisfactory performance of

any subsequent maneuvers, and second, because it is the earliest maneuver

primarily influenced by the gravitational field of the destination planet.

Subsequent to the terminal correction, the maneuvers considered for planets

having atmospheres were: orbit-establishment, with or without aerodyrmmlc

drag providing a portion of the required deceleration; direct a_mospheric
entry; and near-surface deceleration and maneuvering by means of parachute/

retrorocket systems. For Mercury and the moon, neither of which has an

atmosphere, the maneuvers of interest were direct landing, or alternative_,

orbit-establishuent and landing-from-orbit, and propulsive near-surface

translation and descent.

The basic results of the study were the definition of the propulsive manurers

associated with landings on each of the destination bodies, and specification

of the velocity requir_uents and optimum propulsion system parameters for

these maneuvers.

1
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LANDING MISSION CONCEPTS

FACTORS AFFECTING LANDING ANALYSIS

Transfer Phase and Planetary Environment

A lunar or interplanetary round-trip mission is comprised of a sequence of

closely interrelated propulsive and nonpropulsive phases Mhich can be
described broadly by the chart in Figure I . The objective of this

program was an investigation of terrestrial and extraterrestrial landings.

However, the landing investigations require analyses or review of the mission

phases _hich precede and follow the landing phase to adequately provide

data for comprehensive investigation of the landing phase. With the excep-

tion of landing-from-orbit and takeoff-to-orbit maneuvers, the trajectory
and vehicle characteristics of any portion of an overall space vehicle

system cannot be optimized without consideration of other aspects of the

vehicle and mission. Therefore, with the discussions of the discrete

phases of planetary landings, the necessary descriptions of interplanetary

trajectories and planetary takeoff requirements are included.

Representative interplanetary trajectories, related to the landing missions

considered, are described as part of a planet-by-planet presentation of

extraterrestrial landing and takeoff analyses. For each planet, the
landing mission is characterized by a sequence of maneuvers; the nature

of these maneuvers is governed primarily by the presence or absence of an

atmosphere about the subject planet. For example, a lunar landingmust

be entirely propulsive and therefore entails a major deceleration phase,

either from orbit or from a transfer trajectory, a hover/translatio_ phase

and a vertical descent phase, all of which are rocket-powered. The

corresponding portions of a Nmrs landing utilize aerodynamic vehicle drag
for most of the required velocity cancellation, parachute drag for further

deceleration and maneuvering, and possibly a small rocket for a final

small amount of deceleration prior to impact.

Propulsion System

The principal objective of maneuver analysis was the determination of velo-

city requirements and optimum thrust-to-night ratios for each of the

propulsive maneuvers considered. It should be noted that each of these

parameters is affected by propulsion system or vehicle characteristics

for which accurate specific values are known only approximately at best.

2
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Examples of such parameters include specific impulse, interplanetary

transfer duration, propellant tank weight and engine weight. 0f these,

the latter is the most significant in thrust-to-weight (F/W) optlmizati_s,

and is therefore treated parametrically in F/W optimization analyses.

The others do not generally have sufficient influence on optimum F/W to

warrant parametric treatment; fixed values are usually selected for

analyses, based on representative engine and vehicle characteristics.

Thus in the data presented, the specific impulse of a propulsion system

intended to be representative of an _/H 2 system might range between 400

and 440 seconds. The precise value, as indicated in Figure 2 , is
dependent on chamber pressure, mixture ratio and expansion area ratio

(and on combustion efficiency, nozzle efficiency and engine type), but

since knowledge of the precise value of specific impulse has negligible

bearing on velocity requirements or F/W optimization, the selection of

detailed engine operating parameters was reserved for separate study.

Similarly, noncryogenic propellants are represented by specific impulse
values between 300 and 325 seconds, though in fact the precise value is

determined by specific engine characteristics.

LA_ING MANEUVERS

The major deceleration phase of an extraterrestrial landing may be

accomplished in a single maneuver directly from the approach trajectory

or by a sequence of two maneuvers in which the vehicle first decelerates

into an orbit about the destination body and subsequently descends to

the surface. The approach velocity can range from a value slightly in _

excess of the local planetocentric parabolic velocity, as in the case

of an elliptic Earth-}'oon trajectory, to several times parabolic velocity,

as for fast, hyperbolic, interplanetary trajectories. Both the type of

landing trajectory selected and the type of devices employed for decel-

erating the vehicle are strongly dependent on the presence or absence

of an atmosphere about the destination body.

_irect Landings

A direct landing from supersatellite velocity can be performed in several

ways. These trajectories have been divided into three major typess

lo Direct Vertical la_img

For this type of landing, the°vehicle approaches the destimatlmm

planet along a vertical flight path. Propulsiom is applied at

the correct altitude to brake the vehicle for the lauding, or,

if the destination planet has an atmosphere, no propulsiam is

applied and aerodynamic drag slows the vehicle.
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2. Direct Nonvertical landing

The vehicle approaches on a parabolic or hyperbolic path _hich

is somewhat displaced from a vertical landing approach traJectoryp

and would, in the absence of a planetary atmosphere or a propulsive

braking p___e, bypass, or impact obliquely, the destination planet.
Propulsion or aerodynamic braking slows the vehicle for the landing.

The nature of the approach flight path is selected to correspond

to the characteristics of the landing vehicle.

3. Grazing Approach Landing

This landing trajectory type is for aerodynamic braking on/y.

The approaching vehicle grazes _he planetary atmosphere, and thenp

slowed by drag during the graze, again leaves the atmosphere.

Subsequently, the vehicle may circle the planet in an elliptical

orbit before again entering the atmosphere or, if it has been

slowed sufficiently, reenter after only a short skip out of the

atmosphere. One or more grazes may be necessary before the

vehicle is slowed to a velocity suitable for the final braking

entry.

A summary of aerodynamic and propulsive braking for the three types of

landings from supersatellite velocity is presented in Figure 3 . (E

the three types considered, the direct nonvertical landing appears to
be the concept best suited to extraterrestrialsoft landings whether

propulsive or aerodynamic braking is used.

Orbit Establishment From SuDersatellite Velocitz

The establishment of a parking orbit from the approach trajectory may be

desirable in many missions. This aspect of landing trajectories has been

divided into two major types.

i. Direct Orbit Establishment

In this maneuver the vehicle, when it is in the vicinity of

the target planet, is propulsively decelerated to orbit velocity.

2. Grazing Approach Establishment

In this maneuver, the vehicle grazes the atmosphere of the
target planet. After the graze, the vehicle, slowed by .ch'l_

during the graze, leaves the atmosphere. One or more of

these crazes can be used to slow the vehicle so that it leaves

6
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the atmosphere with the approximate velocity of a lov altitude

planetary orbit. After the final graze, a short propulsive
phase is utilized to establish a suitable orbit above the

atmosphere.

Further comments on these two orbit-establishment methods are presented

in Figure 4 • The grazing approach orbit establishment technique

offers higher vehicle payload than does propulsive orbit establishment,

since aerodynamic braking devices are generally lighter than propulsion

systems for the same task. The grazing approach, hoover, is applicable

only for planets with atmospheres and consequently, in some cases,
propulsive orbit establishment must be selected.

Landing-From-Sate llite Velocity

The descent-from-orbit phase of landing trajectories has been divided

into two maJ or types.

I. Orbit Decay Landing

If the orbit altitude is sufficiently low.the vehicle experiences

aerodynamic drag, and the altitude of the orbit is slowly

decreased. Subsequently, the vehicle enters dense enough

atmosphere to introduce a period of high deceleration, and
the vehicle is slowed for landing.

2. Direct Landing

In this landing concept, the vehicle is braked in orbit propul-

sively to initiate descent. If the planet has an atmosphere,

the vehicle can enter the atmosphere and perform an aerodynamic
land .

Further comments on landing from satellite velocity are presented in

Figure 5 . C¢ the two major trajectory types, direct landings would

be the type used in most instances. Few applications, if any, would be

found for orbit decay because of the difficulty in predicting time and

place of descent.

i)
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DECELERATION METHC_

Aerodynamic Landing

Determining a suitable entry corridor (Figure 6 ) is required for analysis

of the landing trajectory for an aerodynamic landing vehicle. The entry

corridor can be defined either by the use of entry angle (angle of the

vehicle velocity vector when the vehicle is at a specified altitude above

the atmosphere ) or by virtual periapsis (the periapsis that the entry conic

would have if there were no planetary atmosphere). The undershoot boundary

(lo_st periapsis or highest entry angle ) and the overshoot boundary

(highest periapsis or lowest entry angle) are the boundaries of the entry

corridor, and the entry corridor is defined by an entry angle range or by
a corridor depth (the difference bet_en the virtual periapsis of the

overshoot and undershoot boundaries).

If a vehicle enters into the atmosphere at too shallow an entry angle, it

will not be s!o_Bd sufficiently to remain within the atmosphere. The entry

angle of the overshoot boundary must therefore be high enough to prevent

skipping out of the atmosphere. Entry on the overshoot boundary results

in a higher total heat transfer to the vehicle than do steeper entries.

The overshoot boundary entry angle must therefore also be high enough to

prevent too high a total heat transfer to the vehicle.

On the undershoot boundary, the vehicle enters the atmosphere at a steeper

angle than on the overshoot boundary. This results in higher decelerations

and higher heat transfer rates. The undershoot boundary is therefore
selccted so that vehicle deceleration and heat transfer rate limits are

not exceeded.

The entry corridor for a lifting vehicle is wider than that of a ballistic

vehicle. Negative lift)up to an approximate lift-to-drag ratio (L/D) of

0.5, _II increase the overshoot boundary height and positive lift, up to

an L/D of approximately 2, will decrease the undershoot boundary height.

A modulated L/D would further decrease the undershoot boundary.

The use of a vehicle bank angle to provide for lateral maneuvering

increases heating rate and deceleration for an aerodynamic vehicle. For

normal entry maneuvering, the effects should not be inordinately large

since the correction required to arrive in the desired landing plane

probably be made propulsively while approaching the planet.
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During entry into a planetary atmosphere, an aerodynamic braking vahicle

experiences high heating rates. Heating rates are strongly influenced by

entry velocity, increasing rapidly as entry velocities become greater.

Vehicles entering at satellite velocity experience convective heating
primarily. During hyperbolic entry, ho_ver, radiation and nonequilibrium

radiation dominate heat transfer. Since heating rates increase rapidly

with high vehicle entry velocity, propulsive braking before entering the

atmosphere may be required to reduce aerodynamic heating. Vehicle

deceleration duringaerodynamic braking also increases with vehicle

entry velocity. For a vehicle _th a specified peak-deceleration limit,

therefore, a propulsive braking phase before entry may also be required.

The planets, Earth, N_Lrs, and Venus are of interest im the study of aero-

dynamic braking. Since much more information is available for Earth

aerodynamic entries than for the planets F2rs and Venus, a comparison of the
entry problems for these planets _Ith Earth entry is of interest. In

Table I (Reference I )a comparison is made of total heating (q),

maximum heating rate (4), maximum deceleration (G), and entry corridor

width (h) for the three planets.

T_ I

Satellite Entry Parabolic Entry

G _ q G" h _ q

Earth I I i i i i i

t

Mars 0.4 0.i 0.2 i 12 0.5 0.2

Venus 0.9 0.8 0.9 I i 0.9 1

In Table 1 it is indicated that the aerodynamic entry problems for F_.r_.
and Venus are similar. Entry at _Lrs, however, is less difficult than at

either Earth or Venus because the atmosphere of N_Lrs has a lower density

variation _Ith altitude than the atmospheres of Venus and Earth; in

addition, the lo_r gravity of Mars reduces the problems associated with

an aerodynamic lending.

Propulsive _nd_,_

Analysis of propulsive landing maneuvers entails primarily that ideal

velocity requirements be determined for the type of trajectory selected;

this quantity is dependent upon the vehicle thrust-to-night ratio, the

FORM 608-1S (LEDGER) REV, 1-58
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vehicle thrust orientation program, and the type of propulsion system

being considered. From consideration of the ideal velocity requirements

for the landing maneuver and the effect of the landing maneuver on

propulsion system design (thrust level, throttling requirement, restart

capability), vehicle design (maximum deceleration, velocity at vehicle

impact), and guidance requirements, suitable systems can be selected.

4 +-_o_+_.I_0___.__÷_ru_t..__ program is an efficient method of velocity reduction

and is reasonable choice for most propulsive braking maneuvers. Engine

operation at maximum thrust (no throttling) minimizes gravity losses

during the propulsive maneuver and consequently would be used in most

propulsive braking maneuvers. Restarts should be avoided _enever

possible to increase system reliability:

Combined Prouulsive and Aerodynamic Landing
?

During entry into a planetary atmosphere at supersatellite velocity,
vehicles experience high heating rates and decelerations. To reduce

heating and/or deceleration, it may be necessary (or desirable from the

payload standpoint) for a propulsive phase to precede the aerodynamic

entry.

As the vehicle approaches the planetary atmosphere, it will increase in

velocity due to the acceleration caused by the planetary gravity field.

A vehicle-velocity reduction of magnitude, /_V, decreases vehicle energy

by the greatest amount if it is applied at the highest possible vehicle

velocity. A propulsive phase should, therefore, occur when the vehicle

has its highest velocity, or just before aerodynamic braking begins. The

propulsive phase of a combined propulsive-aerodynamic landing therefore

takes place just above the planetary atmosphere. After the propulsive

braking phase, the propulsive braking system would probably be Jettisoned

and the remaining conventional aerodynamic vehicle _uld enter the

planetary atmosphere.

For a combined propulsive aerodynamic braking, an optimization must be

conducted to determine the distribution of the total vehicle velocity

reduction between the propulsive and aerodynamic phases. EKcept for

this optimization, each phase should not appreciably influence the other.

°

o
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,Review

•The following tables review the trajectory concepts and propulsion

applications for extraterrestrial landings.

TABLE 2

L_NDING ON PLANETS WITH NO ATMOSPHERE

Tra._ectory Conceot _ Potential Propulsion Phases

i@ Direct Nonvertical Landing

from Supersatellite Velocity

Approach Trajectory Correction

Major Braking

Near Surface Maneuvering

@ Direct Orbit Establishment.

from Supersatellite Velocity

Approach Trajectory Correction

Major Braking
Orbit Correction

@ Direct Landing from

Satellite Velocity Deorbiting

Major Braking

Near Surface Maneuvering

I@

@

TABLE 3

LANDING ON PLANETS WI_____ATMOSPHERE

Trajectory Conceot Vehicle Type Potentia_ Propulsion Fnase_

Direct Nonvertical

Landing from Super-

satellite VelOcity

Lifting Body
of Ballistic

Approach Trajectory Cca'rec-
tion

Braking (Prior to Asrod_@

Entry to Reduce Heating

and/or Deceleration.)

Grazing Approach

Orbit Establishment

Lift Body Approach Trajectory Correc-
tion

Braking (Prior to Aercdyna_e

Entry to Reduce Heating
and/or Deceleration)

Orbit Establishment (After

Graze)
Orbit Correction
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3.

3.

Trajectory Concept Vehicle Type

Direct Landing-from Ballistic

Satellite Velocit_ Airplane

Potential Prop ul,.sio.n.,phases

Deorbiting

Deorbiting
Propulsion for Conventional

Aircraft Flight Below

Orbital Velocity

16
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EARTH RETURN. MISSIONS

ATMOSPHERIC kW_FRY AND TERMINAL CORRECTION REQUI_TS

The trajectory of a space vehicle approaching a planet defines the

conditions at atmospheric entry, and determines if propulsive maneuvers

are required to facilitate safe aerodynamic entry. If the entry conditions

are unacceptable, the trajectory of the vehicle must be altered through use

of a terminal correction to provide the correct conditions.

Particular return-to-Earth missions were selected for investigation of

terminal corrections. For this investigation, a specific vehicle config-

uration and an entry-corridor characteristic of that configuration were

selected and defined. The required change in the planetary approach path

was studied to determine l) the magnitude of velocity increment to perform

a terminal correction 2) the optimum range at which to apply the corrective

maneuver and 3) the deviation from nominal entry conditions resulting from

errors encountered in executing terminal corrections.

Earth-Return Missions Description

To provide atmospheric entry condit5 ons encompassing the range that can

presently be anticipated for interplanetary missions of the near future,

three round-trip missions, two to Mars and one to Venus, were selected.

Neither the outbound nor the return phases of any of the three missions

were selected to minimize the energy requirements. Instead velocity

requirements were compromised to achieve relatively short mission times.

Further, the return phases of the three missions were intentionally biased

toward presenting a wide range of arrival velocities at Earth. Trajectory
detaJis for the missions are presented in Table 4 • A more detailed

discussion of mission selection is presented in conjunction with the sections

devoted to each of the destination planets. The six trajectories for the

three missions are numbered for convenient reference in subsequent areas in

the analysis.

Atmospheric Entry

The major factors determining the role an atmosphere plays in a space

mission are the entry velocity, incident angle at which a vehicle enters

the atmosphere and the vehicle design. (For analysis purposes, a specific

altitude above the effective atmosphere was defined to provide a basis for

specification of entry corridor paraneters; for Earth this altitude is

)

17
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400,000 feet. ) If the entry angle is too high for the entry velocity, an

"undershoot" occurs _;here the atmospheric entry results in a higher

deceleration rate than allo_able. _t the other extrene, too shallow an
entry angle results in an "overshoot" where the atmospheric deceleration is

insufficient_ thus allowing the space vehicle to skip out of the atmosphere
(Figure 7 ). There are particular combinations of velocity and entry angle,

for a given vehicle design, that define an an entrj corridor suitable for

aerodynamic landing.

i)

Entry Vehicle. Aerodynamic landing vehicle configurations (Figure 8 )
are of t_ee major types; ballistic (Mercury Capsule), lifting bodies,

and airplane (Dynasoar). The ballistic configuration has no lift. Lifting

bodies have L/D vmlues up to approximately 1.5, and the airplane is capable
of somewhat higher L/D values (about 2 for Dyna-soar).

The ballistic vehicle, with its blunt shape, lends itself to the use of an
ablative heat shield. Also relatively blunt are the lifting bodies which

_ould also probably be cooled by this method. The airplane configuration,

because of its high wing area, would probably require heavy heat shields

if ablative cooling were used. A major portion of the vehicle would have

to be radiation cooled for this type of vehicle to be practical. Airplane-

t_Te vehicles could be flown and landed like conventional aircraft, and for

this reason, may find applications where heating is not too severe.

Analyses conducted by General Dynamics/Astronautics, using simulated reentry

trajectories, were made to define those trajectories that are within specified

maximum deceleration g limits. In these analyses, three entry vehicles, shown

in Figure 9 , were selected as representative of the spectrum of possible

configurations. The relation between payload and entNy-vehicle weight (air-

frame structure, not including heat shield or payload) is shown in Figure 10

based on preliminary calculatSons.

The ballistic coefficient or wing loading for the vehicle was 50 lb/ft 2.

The drag _hicle followed a ballistic path. The modified dra_ (Egger's)

body used values of L/D up to 0.5 and CL(ma_) up to O_3 e Lift modulation
was not applied for this preliminary investlgation, lifting vehicles

analyzed were flown a fixed attitude for discrete intervals along the

trajectory as follows:

Boundary Interval Attitude

Undershoot

Overshoot

Entry to _= 0
= 0 to Surface

Entry to Circular Velocity

Circular Velocity to Surface

÷ (L/D!m=
-

19
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Lifting Body

Airplane

Ballistic

Figure • Aerodynamic Vehicle Configuratioms
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Overshoot boundaries and undershoot boundaries, for 6 g and 30 g maxim_

deceleration, were determined for the various vehicle designs. The entr7
conditions and resulting atmospheric deceleration trajectory profile for

a modified drag vehicle having a high maximum deceleration are shown in
Figure 11 .

Exa_nination of entry trajectory analyses results indicates that the ballistic

en_-_/-vehicle design has the most stringent entry corridor requirements.

Since th_s is a realistic systam design, and entry vehicle design analysis

has not progressed to the point of selection of optimum design concepts, the
entNy requirements for this vehicle were selected to determine terminal

correction requir__nents.

Entre Corridor. The Earth EntNj corridor requirements for a drag vehicle

are described in Figure 12 • The upper (undershoot) boundary of entry

angles represents tolerable deceleration loads, and the lower (undershoot)

boundary is that which prevents the vehicle from skipping out of the atmos-

phere instead of performing a landing maneuver. The nominal entry angle,
used in the terminal correction analysis, is also shown.

A vehicle can successfully achieve an atmospheric entry and deceleration

for landing if, at the entry altitude, the velocity and entry angle corres-

pond to a point _thin the confines of the corridor. The entry velocity

and entry angle are determined by. the approach trajectory to the planet.

Terminal Correction

Correction Requirements. The trajectory of a space vehicle must be exact-....
_ng_y controlled for a successful transfer between celestial bodies; an

incorrect trajectory causes the vehicle to m_ss rendezvous. The required

trajectory accuracy'may be achieved either at launch or by midcourse

corrective maneuvers performeddur_n_ the transfer. Pre=ent state-of-the -_

art accuracies of tracking, guidance, and propulsion prevent establishment

of the correct transfer path at planetary departure. Therefore, midcourse

corrective propulsion maneuvers are a requisite. However, the midcourse

corrective maneuver is itself subject to inaccuracies in tracking, location

and in maneuver execution. This necessitates multiple correctionsduring

the transfer phase.

D
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Midcourse corrections for the space missions presented in Table 4 were

reviewed based on methods developed at Rocketdyne for NASA contract

NAS 7-88 "Space Transfer Propulsion," described in Reference 2 .

Inaccuracies associated with planetary departure and midcourse corrective

maneuvers, and the resulting accuracy of planetary rendezvous are also

based on this reference.

After the final midcourse correction, the vehicle coasts to the region of

space where the vehicle motion is governed primarily by the gravitational

field of the planet. The vehicle approaches the plauet along a planeto-

centric hyperbolic trajectory. In each mission_ because of the various
errors in the final midcourse corrective maneuver, the actual planetary

approach hyperbola is not the desired one.

DevSatious in the desired asymptotic approach distances existed at com-

pletion of the midcourse correction program (Table 5 ). In each mission,
the deviation translated to an atmospheric entry condition outside the

defined ent_ T corridor. Thus_ a necessity existed for additional corrective
maneuvers (terminal maneuvers) to be applied in the proximity of the target

planet to ensure a tolerable atmospheric entry.

TABLE 5

PLANETARY ARRIVAL CONDITIONS

Trajectory Hyperbolic N_uinal Deviation in Actual
Number Arrival Asymptotic Asymptotic Asymptotic

Velocity Approach Approach Approach

(Vco), Distance (D) Distance Distance (Da) ,
ft/sec n mi (D), n mi n mi

2 43,500 4580 340 4920

4 29,000 5660 2700 8360

6 12,650 10,500 2420 12,920

)

Correction Ob_ ectives

Terminal correction maneuvers are specifically defined as those trajectory

corrections occurring after the vehicle is in that region of space where

the gravitational field of the destination body is predominant. Applied

to planetary missions, this is the crossover point between the attraction

FORM 608-B (LEDGER) REV. 1-58
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of the planet and the attraction by the sun (Figure 13 ). In so defining

terminal corrections, it is assumed that measurements pertinent to the
maneuvers are based on use of the target as a guidance reference.

In this study of terminal correction maneuvers, it was assumed that any

trajectory plane of approach with respect to the planet was acceptable.

No planetocentric plane changes were made in _^ ÷^_ ...... _^_-

In making the terminal correction, the velocity changes were asshmed to

be impulsive; the impulsive velocity assumption is based on Reference 2

analysis which indicates it is valid for the correction distances fram

the planet and velocity magnitudes involved.

-" _ ) and the asymptotic approach distanceThe hyperbolic excess velocity _Vco
(D) of an approach trajectory define the velocity of the vehicle and the

entry angle at the specified 400,000 foot altitude for atmospheric entry.

The definition of an entry corridor limits the combinations of acceptable

V® and D. Those combinations that result in entry conditions outside the

boundaries of the entry corridor are undesirable; the Vco and the D_ valuesa
presented in Table 5 gave entry conditions outside these limitations.

To correct the trajectory for entry within the acceptable corridor, a

terminal correction may be applied for one of two objectives:

I. to change both the energy and angular momentum of the vehicle

by changing the vehicle velocity

2. to change the angular momentum of the vehicle by reorienting

the vehicle velocity vector

The first method chan_es both the hyperbolic excess velocity and the

asymptotic approach distance of the trajectory. The second method changes

only the asymptotic approach distance.

The advantage of the first is to shift the entry toward lower ratios of
entry velocity-to-circular orbit velocity (Figure 12) which broadens

the applicable entry angle tolerance. However, the increase in the correction

velocity increment to shift the entry condition in this manner is excessive.

Thus, this technique was dropped in favor of the second concept, t_stablish

nominal entry conditions (Table 6 ) by changing the angular moment_'_f the

vehicle. In changing only the angular momentum the entry velocity _ t_

vehicle and thus the entry corridor width remains unchanged. _ _'_,_'

28
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Trajectory.
Nmnber

2

6

TAB E 6
i

NQMINAL EARTH ATMOSPHERIC ENTRY CONDITIONS

Entry _try
Altitude Velocity

(hE), (VE) (VE/Vco)
feet ft/sec

400,000 " 56,550 2.2

bOO, 000 _6,260 I.8

400,000 38,560 1.5

Entry

Traj ectory
Elevation

Angle

degrees

-7.68

-7.68

-7.68

Single Terminal Correctipn

The hyperbc!ic arrival velocities and actual as_nptotic approach distances

as shown in Table 5 are a result of the final midcourse correction maneuver.

The deviation in the as2_ptotic approach distance is due to errors in per-

forming the midcourse corrections; the errors vary with the assuned accuracies

of midcourse correction equipment. Thus, an evaluation of the effect of

deviations in asymptotic approach distance upon the magnitude of the terminal

correction velocity increnent was made.

In Figures 14 , 15 and 16 the correction velocity increments of a single

terminal correction are presented as functions of the range at correction

and the deviations in asymptotic approach distance from the nominal for the

m_ssion hyperbolic approach velocities of Table 5 • The deviations in

asymptotic aoproach distance corresponding to the trajectories of Table 5

are shown inthese figures for reference.

The effect of smaller deviations for these three trajectories is presented

in Figures 17 , IS and19 . These curves clearly show the correction

velocity magnitude decreasing to zero as the deviation in asymptotic approach
distance vanishes.

/
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Fig.17 The Effect of a Deviation in Asymptotic Approach Distance
on the Terminal Correction Velocity Increment for Earth

Atmospheric Re-Entry. ( Trajectory_
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The correction velocity increment is only one of two factors involved in

terminal corrections. Errors in terminal corr.ections (position and velocity-

measurement errors, tracking and propulsive-maneuver execution errors) are

the second factor to be considered.

The errors in measurement are range-dependent whereas errors in correction

mechanization are a function of the magnitude of the correction velocity

increment and the thrust-to-weight ratio of the system. Range (r), range
rate (_) and range angle rate (9) are the measured parameters subject to

errors. Correction velocity incre_ent magnitude _V) and the elevation

angle (_c) of this increment are execution parameters which have associated
errors. An error in any of the five parameters causes variations in the

desired entre conditions.

First order partials were generated for each trajectory relating measure-

ment and correction-mechanization errors to variations in the desired entry

conditions. The partials were generated for ranges between I x lO_ and
3 x lO_ nautical miles, and were subsequently combined with representative
error magnitudes for each parameter (based on analysis frc_ Reference 2)

to calculate rms deviations in entry conditions. Partials and error

magnitudes for one correction range are presented in Table 7 for Earth
terminal corrections.

TABLE 7

PARTIALS AND ERROR MAGniTUDES AT 60,000

NAUTICAL MILE RANGE

Entry Velocity Partials

_Bv_r_ 0.98 x 10 -2

 v;Z% Io.65x loo
av£/_(re)= 0.67 x I0-I

_vV_ " _= 0.12 x IOY I

_Vr_-( c = 0.15 x I0z

Entry Angle Partials

9_= 0.35 x 10-2

aK¢_@= 0.60 x 10-2
_'_a/_re)= 0.16 x i00

_ec[/_= 0.16 x I00

_/_c = 0.31 x I00

Error Magnitude

z_r= 0.66 x lO 2

Z_= o.18 x I_Z_(r&)= 0.62 x

_(aV)= 0.20 x i00

 Wc" o.15= loO
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The execution errors listed in Table 7 correspond to a F/W of about

0.3. However, F/W ratios in the region between" O.i to 0.5 have little

effect on the execution errors and the analysis can therefore be con-

sidered valid for F/W ratios in this region.

The use of low values of F/W can reduce system weight, but long burning

times •.....=_._+ ._. low +h_,,_t-to-weight...... ratios on the order of O.O1, the

vehicle travels several thousand miles while the propulsive acceleration

changes the vehicle velocity by the required value. Execution accuracy

in applying a terminal correction over such a long duration and large

translation distance restricts the use of low F/W ratios. A thrust-to-

_eight ratio of approximately 0.I reduces the propulsive correction
maneuver to a few minutes duration and %o a few hundred miles of trans-

lation during execution of the correction.

At the other extreme, high thrust-to-weight ratios reduce operation time

but tend to increase system weight. Thus, although any value within the

quoted range of F/Wcould be used, a F/W of about 0.3 appears to be a

reasonable compromise between the two factors attributed to thrust level
selection.

The deviations (which result from the error magnitudes used in the study)

in the vehicle velocity and trajectory elevation angle at atmospheric

entry, for a single correction, are presented along with the correction

velocity increment in Figures 20 , 21 and 22 as a function of range.

The figures indicate that the terminal correction errors have very little

effect on changing the entry velocity. The parameter significantly

affected by terminal correction errors is the entry angle.

Each trajectory had to be considered individually to determine the range

for applying a correction to meet the entry corridor limitations. The

entry corridor half-band width (for the nominal entry velocity), the

range at correction and the_V for the correction are tabulated in Table 8

for the three trajectories.

m
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TAmE 8

SINGLE TEHMIT%_L CORRECTION FOR EARTH ATMOSPHERIC

REENTI_Y

Trajectory Entry Corridor Correction Correction

Half-bandWidth, Range, Velocity

degrees n mi Increment,
ft/sec

2 0.I 14,500 1,200

4 0.3 26,000 3,000

6 0.7 40,500 810

Dual Terminal Corrections. The velocity increments of trajectories 2 and

4 were considered to be excessive. As an alternative to providing such

large propulsion capability, the use of two terminal correction maneuvers

was investigated for these trajectories. The first correction was made

at lO0,000-n mi range to reduce the velocity increment and yet stay within
the realm of terminal corrections. The tabulation of these corrections a_e

presented in Table 9 •

TAR 9

A FIRST TERMI)_@I CORRECTION APPLIED AT IOO, O00-N MI RANGE

Traj ectory Entry Angle Correction

Deviation, Range,

degrees n mi

First Correction

Velocit_ Increment,
ft/sec

2 + 2.9 I00,000 160

4 _ 3.3 I00_000 760
m

Entry angle deviations for the corrected trajectories of Table 9 are

larger than the half-band width of the entry corridor; therefore, a
second correction is required. For the corrected trajectory, first order

partials were generated, as previously described, relating measurement and

>
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second correction-mechanization errors to variations in desired entry

conditions. • The partials were used with the representative error

magnitudes to obtain actual entry condition deviations.

The characteristics of the second correction maneuver are presented

in Figures 23 and 24 • As a result of the substantial improvement
in trajectoNj accuracy (i.e., reduction in deviation from nominal

asymptotic approach distance) achieved by the first cdrrection, the

velocity requirements for the second correction are relatively low.

Note that, as in previous cases, executing a terminal correction has

a negligible effect on entry velocity.

The essential factors of the second terminal corrections are given in

Table 10 •

TABLE 10

SECOND TEHMINAL CORRECTIONS

Trajectory Entry . Deviation in Correction

Corridor Entry Angle, Range,

Half-band degrees n mi

Width,
degrees

Second Correction

Velocity Increment,
ft/sec

2 0.I + 0.1 14,000 125

4 0.3 +_0.3 28,000 60

Velocity requirement data from Tables 8 , 9 and 10 are presented in
Table 11 to illustrate the substantial benefit derived by the use of a

two-correction technique instead of a single, correction method.

FORM 6OIB*B (LEDGER) REV. I-._8
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TABLE 11

C(EPARISON OF TERMINAL CORRECTION VELOCITY REQUIPS_ENTS

• Trajectory

2

4

2

4

Sin_!e Correction Method
v_J_UU-_j Incrmment, l_* /_ _

1200

3OO0

Dual Correction Method

1st CorrectJoni2nd Correction Total Correct_on,ft/secl
I

16o I 125 ' 285
760 [ 60 820

A similar reduction in velocity requirement could be obtained by the use
of a 2-correction sch_e for trajectory (6); in that case, however the

velocity requirement for a single correction is reasonably small (810 ft/sec),

and the possible propellant saving probably does not warrant the addition of

need for engine restart capability imposed by utilization of a 2-correction

technique.

)
/

Terminal Correction Results. The analysis of the accuracy of midcourse

corrections for the trajectories has shown the necessity of terminal

corrections if the selected entry corridor requirements are to be satisfied.

The study results show the propulsive requir_nents that should be included
in evaluation of missions employing atmospheric entry.

Although use of dual ten_inal corrections involves restarting an engine,

the sizable reduction in correction velocity increment obtained justifies

employment of the technique. Use of the two-correction schemes for tra-

jectory Number 6 was not considered to be warranted since the single-

correction velocity increment for that trajectory was about the same

magnitude as the velocity requirements for the twocorrections of Trajectory

4.

The terminal correction analysis results for atmospheric entry of drag

v_hicles are summarized in Table 12 . The range for applying a single

correction or the second correction of dual corrections was specifically

selected to restrict the deviations about the nominal entry angle to

values equalling entry corridor half-band widths. The results are valid

for F/W in the range of O.1 to 0.5.

h6
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TABLE 12 •

SUMMAEY OF TF/_41NAL CORRECTIONS FOR EARTH

ATMOSPHERIC REENTRY

Trajectory Entry Number of
Corrid or Terminal

Half-band Correcti ons

Width,

degrees

Deviation Range at Total Terminal

in Entry Correction, Correction

Angle, n mi ZiV,

degrees ft/sec

2 0.I 2 + 0.I I00,000 285

- 14,000

4 0.3 2 _+0.3 i00,000 820
28,000

6 0.7 I _ 0.7 40,500 810

Based on these results, the use of terminal-correction maneuvers (single

or dual as required) will provide the entry corridor required without a

major deceleration propulsion phase (which would increase corridor width)

prior to atmospheric entry.

h?
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PROPULSI_J_ EARTH-ORBIT ESTABLISHMENT

AND DEPARTURE MJL\_JVERS

Sinsle Stage Systems

The establishment of planetocentric orbits follo_.ring an interplanetary
+.... _+ _ ....+_ -__ _+_'_ _- !y _-÷_, missions

and an important intermediate step in many later extraterrestrial landing

missions. Analyses were conducted to determine maneuver propulsion require-

ments, optimum thrust-to-weight ratio_ (F/_J) for maximum payload and relative

p<rload-to-weight ratios for orbit establishment (and departure) maneuvers.

The effect of specific impulse (Is), hyperbolic excess velocity (Vh) , thrust-

these parameters was evaluated.

The investigation of propulsion requirc_ents fcr an establishment or departure
maneuver is described in Ref. 3 , and includes an analysis of the effect of

thrust-to-weight ratio and specific impulse. ?he appropriate nomographs and

correction curves from Re/. 3 are presented in Figures 25 , 26 and 27 .

These data represent a graphical presentation of an extensive body of results
obtained from nmnerous simulated trojecto_ cozoutations. The use of total

impulse, rather than the more commonly used ide_l-velocity incr_nent, as an

intennedSate parameter to relate thrust'to-weight ratio to payload was based

on the convenience of presentation permitted by utilizing the total impulse

parameter. Transformation from one to the other can be accomplished readily

by the relationship,

V= Isg In where N = total impulse-per

Ib of gross weight, Ib-sec
Ib

The optimization of thrust level was based on a tradeoff between the increased

engine weight but decreased grav_tational losses of high thrust-to-weight

systems, and the decreased en_ne weight but increased gravitational losses

of low thrust-to-weight systems. The optimization was achieved by determining

the thrast-to-weight ratio for which engine weight plus propellant and tank

weight was a minimum.

The parameters selected for analysis of Earth-orbit establishment and

departure maneuvers were varied over a sufficiently wide range to include

many types of systems. KE varied from a value representative of a pinup-fed
system to a high value indicative of a redundant pinup- or pressure-fed

system. K_ and Is had values tvoical of Earth-storable and cryogenic pro-
pellants. Vh .anged from zero (appropriate for a lunar mission) to velocities

required for interplanetary missions.

FORM 608-B (LEDGER) REV. 1-58



o

0
0
0

0

0
0

0

0
W

.,..t

>

I"-
N

0
0
_.J
LLi
>
0')
(P)

(.b
X

0

_J
0
CD
tic
LtJ
I1.
>..
"t-

"r"
I--

ILl

b

I1:

I-

I

W

I
0
I-

I

_1

J

I-
0

o
El
o

,.a

tC_
C_

,el



1.16

, . r _. _., _,_:_

!

1.00

300 400 500 600 700

SPECIFIC IMPULSE, SEC

80O

Figure 26 Total Impulse-to-Weight Correction Factor

5o



87/03S-87 (

0

8

_. 8_

o. i .... 8N _._
o.o tl i _' _ _
,,_,, l_!!il I B_
-- I.t.._ z.-.,.,_,_:,

, , ..,,_,_:._.. :_ . _,._ _ _ _
__K"!-- --7-V'N'_ON 8 ._ _ :_.... : _:':'_':" "" :'"_ ' _': I_

•.";.:""_:: r _:>r_: .:::4 ':" m' • :-I I,LI

/F.,-,,_--,__-.,_.t- .... , 8

I _" I

o;vk

,_- q
_,.

I,_ i,r}

0

) IHOI3M-OI-3S7FIdlAII 7VIOl



ROCK ETDYr_E
A DIVISIO_ OI a" NO_TM AMEriCAN AVIATION. INC

T , i -,

The results presented are applicable to both injection into, and departure

from, planetocentric •orbit. The propulsion requirements •are, in factj not

totally independent of whether the maneuver is a departure or an arrival,
but comoutation of a series of Mars trajectories indicated that they are

suffi6iently similar in the significant F/kT range to neglect the small

difference that exists. Figure 28 presents the ratio of total impulse-

to-initial weight (F.T/kTo) for orbit establishment and departure for a
300-n zi circular iCartlan orbit. For F/W greater than 0.2, the total

impulse difference is less tbmn 0.6 percent.

Parametric Analysis. Values of the parameters selected for analysis of

Earth-v_c-_nity maneuvers were:

I. H_erbo!ic excess velocity = Vh : O; !_,O00; 30,000 ft/sec

2. Propellant @eoendent weight factor = KT: 0.08, O.16 lb/lb

3. Thrast dependent weight factor = KE: 0.O2_ 0.0_, O.O7% lb/Ib

_. Spec_ic Lmp_!se = Is : 320 seconds, _20 seconds

Hyperbolic excess velocities were ci_osen in accordance _th Reference 4 •

A Vh of I%,000 ft/sec is a reasonable value for Earth-orbit departure
to Xars or Venus. A 30,O00-ft/sec h_Perbolic excess velocity is repre,

sentative of a trip to Mercury or a fast trip to _Cars or Venus. These
numbers are not intended to be exact but rather to encompass a wide

range of missions.

For this analysis, the weight factors are defined as follows. KE is

defined such that F.K E equals engine weight plus all th_ast associated

structure weight. KT is defined such that _.T_.K_(_nere W_ equals pro-
. _ , . A l " Fpellant weight) equals tank _:e_gh_, snze!din_, __nsu-at_on, and all pro-

pellant dependent structure weight. The guidance package and other fixed

weights are considered to be zero s'nce they are usually a small part of

gross weight. The equation for weight is then

W G = _ + KT_ + KE F + PL
• (i)

Rearranging equation (I) gives

PL

FORM 6OB-B (LEDGER) REV. 1-58
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KE, F/W, and K_ can be chosen arbitrarily and F.T/Wn is determined

from the nmno_aphs. F.T/Is.W G can be computed and_equals W_WG as
can be shown-

Is = F/W

The par_.eters were varied independently although in fact, th_j would not

do so. If !s, for ex_p!e, were 320 seconds, corresponding to Earth-storable

propellants, KT would be about 0.08 due to the higher mass density and less
stringent insulating requir_nents as compared to a liquid o_rgen-hydrogen

system. The parm_eters _.'erevaried separately, however, to determine their

individual effects on F/W G and payload.

The principal results of the thrust level investigation are presented in

Figure 29 to Figure 39 . Typical effects of KT,_ K_,_ !s and. Vh on optimum
thrust level are sum,_arized in°Figtue 40 • The nom__nal values represent

a t[_ical liquid oxygen-hydrogen _jstem. The effect of variation in hyper-

bolic excess velocity on pw_load-to-gr0ss weight capability of a propulsion

stage is shown in Figure41 .

The results sho_m in Table 13 indicate that KE has a small effect on payload,

_ereas KT, Is, and Vh all affect payload considerably. K_ has the most pro-
nounced e_fect on optimum F/W, __th increasing KE resultin_ in decreased
optimum F/W. The flatness of the payload curvcs over a wide range of F/W

values in the _lcinity of the optimum F/W, particular_J for nonredundant

sFstems (KE = 0.025 or less), indicates that the selected system thrust can
vary over a range of values without penalizing payload significantly. Secondary

considerations (i. e., other than maximizing payload) such as vehicle packaging

or utilization of available engines can be permitted to influence the choice

of thrust level for orbit establishment and _eparture propulsion systems.

!_ging Considerations for Orbit Departure Vehicles

the mission hyperbolic excess velocity increases, the ideal velocity

i ._uir_nent for the orbit departure maneuver becomes sufficiently high thatL _o-stage vehicle or a vehicle with tank staging provides a significantly
arg_r payload than a single stage vehicle. An analysis was conducted to

; FoR_ 6oe.6 (LEDGER) REW. I-Se
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inv,: Jigate, for an Earth orbit departure maneuver, the optimum characteristics

and relative payload capability of a single stage vehicle, a two-stage vehicle,

arid a single stage vehJcle w_dch jettisons emptied propellant tanks during

flight (staging tar_s). The velocity requirements for the different systems

were determined on the basis of an orbit departure performed _ith a thrust
parallel-to-velocity maneuver.

The vehicle c_omparison was based on a s_stem %-ith 400 seconds sF_ecific impulsej
representative of a high-energy crjogenic propulsion system. For the single-
stage vehicles _r_th tar/( stagSnglthe propellant was assumed to be divided

bet_reen t_ro or more tarl_ units }/+th all tank units of equal volume. The weight

of the tarf< units _;as detennined us'ng the propellant-dependent weight factor.

Vehicle _:eights were ass+_ned equal to the sum of a propellant-deoendent weight

and a t_ust-dependent weight, _here propellant-dependent _:e-cht= 0.08 x stage

propellant weight and thrast-dependent +_:eight= 0.02 x stage thrust level. No

additional inert weight _:as included for the edged fSxtures which a jettisonable
tarJ: unit would require. The thrust-dependent _:'eight_as added to the final tank

unit _i:ich r_nained at the end of the propulsive phase for a final vehicle burn-
out weight.

S-_'ngleSta_e Vehicle. The ideal velocity requirements for an Earth crbit-

depart_e maneuver leav_ng from. a 3DD n _ Earth orbit are prese_ed in

F_gure 42 , 43 and 44 _for a s_ngle-stage vehicle. Ind'.cared are _deal
velocity requirement versus initial thrust-to-_.;-eightratio for departure

maneuvers of O, 15,000, and 30,000 ft/sec h:_erbolic excess veloc-.:ty. In

Figure 45 is presented ideal velocit:_ requirement versus h:perbolic excess

velocity for three F/W values: 2.0, 0.5, and 0.2.

The variation of payload-to-gross weizht ratio as a functSon of initSal thin'st-

to-weight ratio for a s_ngle stage orbit departure vehicle for three h:_perbolic

excess velocities is illustrated in Figure 46 . The optic:urntlmust-to-weight

ratio for the deoarture stage is 0.4 to 0.5. The hyperbolic excess velocity•

does not have a large effect on the optimum tb-_ust-to-weight, although the

re_alts in Figure 46 indicate that optLmum thrust-to-weight increases slightly
as the h_perbolic excess velocity increases.

Two Sta_e Vehicle. For a two-stage Earth orbit'departure vehicle, the ideal

velocity requirement depends upon the thrust-to-weight ratios of both stages.
An evaluation of the effect of thrust-to-weight was conducted based on a
hyperbolic excess velocity of 30,000 ft/sec. This value was selected as

t:_pical of an orbit departure mission_hh a high ideal velocity requlrement,
where a two-stage vehicle would provide a significant improvement in payload
compared to a single stage vehicle.
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In F! .e 4"/' , ideal velocity requiraments versus initial thrust-to-weight

rat_ _ for the first stage are illustrated. Curves for four different ratios

of second stage to first stage thrust-to-weight ratios are presented. The
results are for two-stage vehicles where the total mission ideal velocity

requirement is even]_v divided between the two stages.

...._ _ -_ w_gb+ _=÷-_n= versus first sta_e thrust-to-In Figure 48 , _=_......._-_ ................

_:eight ratios for a two-stage orbit departure vehicle are illustrated. Curves

are presented for four different ratios of first stage to second stage tbn-ust-

to-weight ratios. A vehicle _-_th a first stage thrust-to-weight ratio of

aTTrox!mately 0.65 and with equal thrust-to-weight ratJ os in both stages _ill

result in the highest pa:rload for a two-stage vehicle.

Payload versus h_erbolic excess velocity for a t_o-stage vehicle is presented

in Figure 49 • A t_:o-sta_e vehicle where both stakes have a tkrast-_o-weight

ratio of 0.65, and vith stece sizes _elected so that the mission ideal velocity

requirement is divided evenl_ bet_.een the two stages _z,_sconsidered.

Sta{ing Tanks. An alternative to the use of a two-stage vehicle for orbit
de_arture is the use of a vehicle }.__thpropellant tar3: staging only. Payloa#-

to-gross-_eight ratio versus ir_t!al thrust-to-weight ratio for a single stage
vehicle and a vehicle }_th continuous tank staging is nresented in Figure 50

(amptied tar.ks are jettisoned an infinite n_ber of t_Jnes). This figure is

for an orbit departure stage which accelerates the vehicle to 30,099 ft/_ec

hyperbolic excess velocity. The ootin_nn tbmust-to-weight ratios for the
_ ont_ nuous tank

single stage vehicle (F/W = 0.5) and for the vehicle ___h c _

staging (F/W = 0.45) are ve_- similar. Frcm this result, it was assumed
that a thrust-to-weight ratio of 0.< wo_ld result in nearly oot_._zn payload
for a vehicle with tar3: staging no matter how many tines ±a_J:s are jettisoned.

The effect on payload-to-gross weight ratio of the nu_ber of times _nptied
tarG:s are jettisoned is presented in Figure 51 ) also for the 30,000 ft/sec

hyperbolic excess velocity mission.

The simulated trajectories determined for the single stage vehicles ar_i

tsnk staging vehicles indicate that the ideal velocity requirements are
similar. The payloac-to-gross weight for the 30,000 ft/sec hyperbolic

excess velocity mission for a single stage vehicle _ith a t_ust-to-weight

ratio of 0.5 is O.11, and for a vehicle _ich jettisons tanks an infinite

number of times at the same thrust-to-weight ratio, the payload to gross

weight is 0.15. If the vehicle with tank staging was assumed to have the

same ideal velocity requirement as the single stage vehicle, it would have

a payload-to-gross weight smaller by 0.0005. This difference_caused by the

ideal velocity-requirsment difference, is small and consequently in most
studies could be neglected. As the n_nber of times tanks are jettisoned is

decreased (in actuality it obwleusly _ill always be lower than the ir-_inite

number used in the comparison), the difference in ideal velocity requirament

between a single stage vehicle and a vehicle with tank staging will decrease.
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Paylr_d-to-gross %'eight ratio versus hyperbolic excess velocSty (or ideal

ve_,_city) for an orbit departure vehicle _th tank staging is shown in

Figure 52 . This figure is for a vehicle with an initial _nrust-to-weight
ratio of 0.5. Since ideal velocity requir_nezt6for a single stage vehicle

and a vehicle _Sth tank staz_ng are sSmilar, Figure 52 was prepared using

s_ngle stage vehicle ideal velocity requirements.

In this study, no _zeight penalty was added tc the propellant dependent

_'e__ht of the ta_ staging vehicles to account for a more complic_,ted tank

dezign required b:: tarl< sta_ng. The tank stagin_ vehicle pa_7!oads there-

fore may be semev:hat optimistic.

Crbit _e_arture Vehicle Comparison. A cenparisch bet_:een a single stage,
• o_ _sented in Figure 53 toa t_.:o-_tage, and a tyr_-:staging vehicle !s __

indicate the a_proximate percent of s_ngle stage vehicle pal_load that a

t%:o-stage vehicle or a vehicle _th tar_-zstaging _M_ll del_ver as a function

of bsTerbolic excess velocity. At a hyperbolic excess veloc-t;; of ar_proxi-

natel:r 23,000 ft/sec; the t:_o-stage vehicle and the_ veblcle ?.:ithtar_k staging

have a payload advantage of IO percent over a single stag_ _vehicle. This

advantage _ncreases s_guif_c_nt_; as h_,_oerbolic excess velocity increases.

A s_ngle stage vehicle, a t_:o-stage vehicle, and a tank staging vehicle are

cc:mpared in Tables 1_and I_ for a 30,_00 ft/sec l_perbelic excess velocity
Earth orbit denarture mission. An optLr._ tb_ust-to-_eight ratio and the

range of thrust-to-_Jeight ratios _Jh_ch could be used and still deliver a

pal-lo_ which is _ithin 2 percent of the optimum payloa_ value are ,-resented

in Table I_ . The m_ ss!on ideal velocity requirement and palJload-torgross

weight ratio are presentad in Table 15 •

The results of this study indicate that slngle-stage orbit departure ideal

velocity require_.ent is not significantly different frc_.,that for a vehicle

_._.ichstages tanks. The ideal velocity requirement for a two-stage vehicle

can vary significantly from that for a one-stage vehicle __th the s_ne

initial thrust-to-weight. The magnitude of this difference depends upon

the thrust-to-weight ratio of the second stage.

For low hyperbolic excess velocity missions, a single stage vehicle would

probably be selected. At higher excess velocities, however, the two-stage
veh_ cle and the vehicle with tark staging deliver significantly higher pay-

loads. At approximately 20,000 ft/sec hyperbolic excess velocity, the

advantage of these two vehicles in payload over the single-stage vehicle is

IO percent.
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ORBIT DEPARTURE V_HICLE OPT!Mt_A THRUST-TO-k_IGHT RATIOS

MISSION: 30,000 ft/sec HYPERBOLIC EXCESS VELOCITY ORBIT DEPARTURE

Vehicle

S_ngleStage

_:o-Stage

F/_,:2 = 0._FIw1
F/::2= F/Wl
F/I':2 2 F/W 1

co Tar_ Staging

........ ?

Optimum Initial Thrust-to-

Weight Ratio

. . , ,

o.5

i. •

Initial Thrust-to-

?_ight Ratio Range for

a Mimas 2-Percent Payload

J.. _ i .

o.3_ _ 0.78

0.64 _ 1.22

•0.44 _ 1.04

0.36 _ 0.64

0.65

0.46 0.28 _ 0.79

TABLE 15

ORBIT DEPARTURE V_I!_CLE IDEAL V'_OCITY !NCRE".__,_ A:.D PA!IOAD

• = _" ft/sec E__?T_C,LIC E_C_S VELOCITY _.=___. D_ART0?sE_,:!SS_Oh. 30,000 _vm

Vehicle

t ,

Single Stage
(FTw= 0.5)

Two-Stage

(F/W_= 0.65)
(F/_ 2 ,, 0.653

Single Stage
(Tar2s Jettisoned

One Time (F/W =

0.5)

Single Stage

Ta_/cs Jettisoned

4 Times (F/W = 0.5',

Ideal Velocity

Requir_nent,
ft/s_c

21,700

21,720

21,680

21_670

.Relative Payload-

to-Gross Weight
Ratio

0.II0

o.138

o.134

0.I_6

Percent of

Single Stage

Payload

'L L . : • IL • " "rj

I00

125

122

133

r m,

8h
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A s_gle stage orbit departure vehicle to place a payload on a trajectory

_h 30,000 ft/sec hyperbolic excess velocity _ll have a p_vloa_-to-gross

_:cight ratio of O.110. Use of a two-stage vehicle increases the payload-

to-gross weight ratio to 0.138 (a 25-percent increase) and jettisoning
mnotied tanks twice during the flight increases it to O.141 (a 28-percent

increase). At 30,000 ft/sec hyperbclic excess velocity the optimum thrust-

to-_Jei_ht for a single stage vehicle or a vehicle _ith tank staging is

a_pro,ximateS_v 0.5. For a t_,o-stage vehicle _th the total ideal velocity
recuireuent diwlde_ even_ bet_Jeen the t_:o stages, th_ optimum thrust-to-

_._eightrat_ o for both stages is approximately 0.65.
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D',kTH ATMOSPHERIC GRAZE MANEUVERS

A major portion of the velocity reduction required to decelerate a returning

space vehicle into an Earth orbit can be accomplished by means of the aero-

dynamic drag experienced during an atmospheric graze maneuver. The atmospheric

graze maneuver, as defined in the study performed, consists of the vehicle
±1_ _'_ _ __._. %. 4.%..

"skimming" the upper atmosphere of _,e _:u, for _.e purpose of _;--_^--+_-_._._._

the vehicle prior to subsequent propulsive orbit-establishment maneuvers.

The vehicle flight path is described pictorially in the following sketch.

Entry conditions to the atmosphere of the Earth are defined _T th4 magnitude
and direction of velocity existing at the entry altitude. The entry altitude

for Earth is taken to be 400,000 feet. The exit conditions following the

graze maneuver are defined in a similar manner at the same altitude.

The relationship between entry and exit conditions depends on many parameters.

Among these are the ballistic coefficient (W/CDA), ablation weight loss rate,
and the nature of the atmosphere. For a ballistic vehicle, the relationship

between entry and exit is unique. For lifting vehicles this relationship is

not single-valued, since the flight path can be controlled by the lift vector.

The purpose of the study was to obtain and present parametric data on pro-

pulsion maneuvers and requirmnents following the graze maneuver; the study
was not concerned therefore with the gTazing maneuver per se, but merely with

the pertinent range of exit conditions; consequently, an analysis of the

aerodynamic graze maneuver was not performed. To gain insight into the nature

FORM 608-B (LEDGER) RDV.|-56
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of th_ exit conditions, data were obtained from General Dynamics/Astronautics

for aerodynamic entry trajectories. Several general characteristics of

atmosphere graze exit condit_ ons were noted for the ballistic and the low

L/D vehicles analyzed: I) the exit velocity is usually greater than the

local circular velocity; 2) for high entry velocities (on the order of twice

the local escape velocity), the exit velocity may be as much as 30 percent
less than the entry velocity; 3) the exit and entry elevation angles are of

the same magnitude, that is 5 to I0 degrees.

Y_oulsive Analysis
__J__

L_oulsive Orbit E_tsblisb_ent Teohn-cues. The three impulsive orbit estab-
lishment schames investigated are illustrated in Figure 54 • For all

schemes, the velocity incraments are applied parallel tc ti_e local velocity

vector. Scha_e 1 is a two-izpulse technique. The first velocity incrEaent

(2_V) is applied at the exit point, resultiT_ in a transfer ellipse whose

apoapsis coincides with the desired circular orbit altitude; the second_V

is applied to achieve circular velocity. Scha_e 2 applies only to exit

velocities (Vex) less than the local escape velocity (Vp). Upon leaving
the atmosphere, the vehicle coasts to apoapsis _nereupon a LIV is applied

resulting in a transfer ellipse _;hose periapsis (or apoapsis) coincides

_!th the desired circular orbit altitude. A second incrauent is then applied

to attain circular velocity. Scheme 3 (for Vex >Vp) is the sa_e as Scheme 2

with the addition of a 2_V at the exit point, reduci_-_gthe _elocity of the

vehicle to some value less than Vp.

The equations of motion awplicable to determining the above velocity increments

are the familiar vis-viva lawj

_]v2 " go_o2 (_ _)

and Kepler's second law,

i .
Applying these equations at two points along "a conic (a and p are constant)

and solving for velocity yields

Vl2" 2g°R°2(_l-_2)l(1"_j2oos2_
R2 2 'cos2 Y2 _
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Th_ _ equation gives the velocity magnitude (with elevation angle, _i )

r_quired at radius RI to achieve R2 and _2" For instance, if R 2 corres-

ponds to the circular orbit altitude and 72 is set equal to zero, this
equation gives the required velocity magnitude (at _i) following the first

velocity increment of Scheme I. The velocity increment can then be

determined.

AVI= IVex'- VII

S_milar relationships can be developed from two basic la_;s to obtain the

remaining velocity increments.

Results of Impulsive Ana_jsi s. A 300-n mi circular orbit altitude _ms
selected for use in the analysis of the velocity increments for the range

of exit conditions mentioned previously. The velocity increments for

Scheme 1 (two-impulse, direct-to-orbit) as a function of exit velocity

and angle are illustrated in Figure55. Also shown is the sum of the two

increments, or the total impulsive velocity requirements (ZkVT) for orbit
establishment. The velocSty incraments and the total velocity require-

merits for Scheme 2 (Vex4V P) are given in Figures56 and 57 For both
schames the total velocity requirements reach minima when the exit velocity

is near the local cSrcular velocity (Vp/_). This fact indicates that the

graze maneuver should not necessari_r be designed to reduce the velocity of

the vehicle by the maximum anount possible, since the velocity requirements
for orbit-establishment increase significantly when the exit velocity is

reduced below the value where the minir_um velocity requirament occurs.

Scheme 3 is for exit velocities greater than escape velocity. (it also is

applicable to exit velocities less than escape velocity, but has no advan-

tage over Scheme 2.) The function of the first velocity increment is to
reduce the velocity of the vehicle to some value below the escape velocity.

The velocity increments for this scheme depend on that value of velocity

attained following the first increment; however, rather than prescribing

this velocity, the apoapsis of the transfer ellipse was specified instead.

Calculations were performed for apoapsides (Rmax) of 2, 5 and lO times the
radius of the Earth. The velocity increments _nd the total velocity

requirements for exit velocities equal to the escape velocity of the Earth

(Vex = Vp) are presented in Figures 58 and 59 • This presentation (in
comparison to a presentation of AV vs Vex) affords better insight into the

effects of exit angle ()ex) and R . For other exit velocities only the
-111aN

first velocity increment is different; in fact, it is increased by the

difference between the exit velocity and escape velocity.

89
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and

•AV I • = _VI, P + (v=-vp)

ZIVT =ZiVT, P + (Vex.- Vp)

Since Scheme I is just a special case of Schene 3 (Rma x = R O + 300 n mi),

the total impulsive velocity requirement for this scheme is also illustrated

in Figure 59 • As P_= is increased, the velocity requirements decrease;
this effect is partic_ar3¢ " pronounced at the large values of exit angles.

However, as Rma x increases, the time required for orbit establishment also
increases. Approximate values of the time for orbit estab!-sb;nent for

various values of Rmax/R o are given; equivalent data for Mars and Venus are

also presented.

% /Ro

5
10
5o

Earth

7.5
18

182

Time to Orbit, Hours

9

22

220

Venus

8

19.5

194

Long time periods for orbit establishnent may not be c_npatSble with mission

objectives; consequently the m&ximum apoapsis allowable, and in turn the

minimumZkV possible, may be restricted for some missions.

The problem of long time periods for orbit establishnent also exists in

Scheme 2 when the exit velocity approaches escape velocity (see Figure 57 ).

Consequently it may be desirable tc use Scheme 3 and control the time to

orbit if the exit velocity is near escape velocity.
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_:_luation of Impulsive Schemes. To facilitate an evaluation of the merits

_nd advantages of the different orbit establishnent schemes, a typical value

of the exit angle (_ex) was selected; the value chosen to represent a typical

grazing trajecto_¢ was 5 degrees. The apoapsis of the transfer ellipse of

Scheme 3 was restricted to a value of 5 times the planetar-d radius. This

value was believed to be a reasonable compromise between time-to-orbit and

velocity requirements.

The relative merits of the three impulsive-sch_nes are indicated in Figure

60 • For the Io;;er rance of exit velocities (Vex<Vp) , Scheme 2 yields
the lowest velocity requirements over most of the range. Lower velocity

requirements at some exit velocities are given in Sch_e I, th_s occurs

mostly at exit velocities less than circular which are unlikely occurrences

from the graze maneuver. Schenes 2 and 3 _ntersect at the point where the

apoapsis of Scheme 2 is 5 times the planeta_ _ ragius. For exit velocities

greater tbmn this intersectS on (Vex = 33,000 ft/sec), the apoapsis of
Scheme 2 is larger than 5 Ro; consequent_ the time required to establish

orbit becomes excessive. To keep the tSme.to-orbit %_ithin a reasonable

limit, a switch to Scheme 3 at this intersection poSnt is warranted. For

exit velocities greater than escape velocity, Scheme 3 appears best. In

sur_nary, Schemes 2 and 3 are most favorable of the impulsive orbit estab-
lishment maneuvers.

Nonimpu!sive Orbit Establishment

The impulsive velocity requirements presented are useful for indicating

trends and re!ative merits of the various naneuvaring techniques. However_

impulsive analyses are not necessarily indicative of the actual propulsive

energy required, particularly if long burning times are involved. The

energy change of the trajectory of the vehicle resulting from an impulse

depends on the instantaneous potential energy of the vehicle. Finite thrust

can be thoughtof as a series of impulses over which the potential energy is

changing. Consequently, the trajectory ener_ change caused by an impulsive
velocity increment will differ, if the same impulse is applied over a non-

zero time interval, unless the average potential energy over the time period

is effectively the same as the potential energy at which the impulsive
increment is applied.

Another effect is the relation between burning time and the time required to

perform the maneuver. The burning time may be of such magnitude that it is

not possible for the vehicle to attain the desired position and velocity at
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all. For instance, for the two-impulse direct-to-orbit maneuver (Scheme I),

the vehicle may have already passed the desired circular orbit altitude

before burning _s completed. Therefore for Scheme i, the impulsive velocity

requirements are not necessarily indicative of the actual requirements,
particularly if long burnin_ times are required (large V's). For Schemes

=._ 3 *_"........... +_-o " order of m-_gm..itudegreater ÷han thp b_u_ning

time (for ch_nical propulsSon systems) and the above effect is not prevalent;

however, the actual velocity requirements are slightly different from the

impulsive caused by the changing potential energy over the burning time.

The existence of the Van Allen radiation belts surroundS ng the Earth makes

Scheme I. The other impulsive schenes pass through the Van Allen Belts

t%_ce. To deterr.ine the requirements of a direct-to-orbit maneuver, an

orbit-establSs_nent analysis for finite thrust systems was performed

utilizSng a computer trajectory_ simulation program. To assure a flight

path that would not pass through the Van Allen Belts, thrust was applied

so as to minimize the altStude rate during the maneuver. For the maneuver

selected, the thrust vector 5s aligned at a constant attitude (with respect

to local vertical) in essentially a downward direction. The flight path

for this maneuver is illustrated in Fi_=ure 61 . After departing the

atmosphere, the vehicle coasts for a time interval whereupon thrust is

applied at the exact pitch angle (_) that will result in the simultaneous
attair2nent of the 30O-n mi altitude and its corresponding circular velocity.

(To stimulate this maneuver on the trajectory program., the vehicle was flown

back_;ards from the 300-n mi orbit until the exit altitude was intercepted.)

The velocity requirements for the nonimpulsive orbit establishment maneuver

at vehicle •thrust-to-weight ratios of 0.5 and 1.0 are illustrated in Figures

62 and 63 • The range of exit conditions that can _e accepted by this

maneuver is bounded by the "limiting exit conditions" line. Values of exit

conditSons be_'ond this line are too large for the accomplishment of this

maneuver with the specified F/W; i.e., the vertical component of velocity

cannot be cancelled before the 300-n mi altitude is reached. Consequently,

the range of exit conditions to be expected will be a _riterion for thrust
level selection.

Evaluation of Orbit-Establishment Techniques

A c_mparison of the velocity requirements for the nonimpulsive orbit-
establishment maneuver and the corresponding impulsive maneuver (Scheme I)

is illustrated in Figure 64 • Over the range of exit velocities considered,
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the velocity requirements are greater for the nonimpulsive maneuver

(roughly lO percent greater) than the impulsive requirements; however,

the trend in velocity requir_nent is similar. The losses are psrtiaLIj
explainedby the fact that the nonimpulsive scheme applies its deceler-

ation at a lower kinetic-energy leveS, in contrast to the impulsive scheme

which applies a large portion (_V1) of its total impulse at a low potential

energy (high kinetic energy). In addition, the nonimpulsive scheme does

not u_o thrust-parallel-to-velocity to achieve the 300-n mi c_rcular orbit,

thereby reducing the effectiveness of the deceleration maneuver from the

standpoint of velocity requirements.

The selection of a particular orbit-establisb_nent technique depends on
two factors: l) the magnitude of the atmosphere graze exit velocity and

2) the ability of the vehicle to traverse the rad!aLion belts. For

vehicles that can pass through the ra4iat_on belts, Schemes 2 and 3 _ield

the lowest velocity requirements, Scheme 2 for exit velocities less than

33,000 ft/sec and Schame 3 for exit velocities greater than 33,000 ft/sec.

The velocity requir_.ents determined for the impulsive analyses are adequate
fcr systems with thrust-to-weight ratios above aoproximately 0.5. For

lower thrust-to-weight ratios, the impulsive analysis tends to be optimistic.

For vehicles which do not possess sufficient shielding for repeated penetration

of the radiation belts, a direct-to-orbit maneuver should be used. For this

maneuver, the f_nite thrust analysis indicates velocity requirements and

thrust-to-weight ratio limits. In general, the results indicate that the

propulsion velocity requir_nent for orbit establis_nent after graze is approxi-

mately equal to the difference in grsze exit velocity and orbital velocity.

The applicability of the atmosperic graze maneuver to a vehicle and mission

depends upon the vehicle design configuration and upon possible mission con-

straints. If it is feasible to utilize a ballistic or lifting vehicle, the

graze maneuver can be used to reduce the propulsion required for orbit

establishment in comparison to that required for an entirely propulsive
orbit-establishment maneuver.
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}_qOFULSIVE/AEROD_AMIC DECELERATION FOR DIRECT EARTH LANDING

In addition to providing the deceleration •and direction necessary to assist

a space vehicle to acquire a specified entry corridor, a retroprop_ision

phase prior to atmospheric entry can, by reducing the ablative heat shield
requirement, reduce the weight of the overall landing vehicle system.

This possibility is not obvious _hen considered for the contemporary large

rockets required to accelerate am_a!lpayloads tc orbital velocity co_pared

to the modest heat shields req,_ired to cancel orbital velocity by aero-

dynar_ic deceleration. The important difference _,_en considering more

_mbitious space r_ssions in co_arison to a satellite mission is that the

pertinent velocity is not orbital, but 2 to 3 times orbital; at velocities

of this na_Litude, propulsion systems to cancel the entire amount are un-

deniably large, but heat shields tc perform the same task are by no means

modest, &_d mav equal_ or exceed the equivalent propulsion system _:ei_t.

Because of the different rates at _uich propulsive and aerodsu_mic braking

devices increase in _,_eightas velocity increases, a combination system may
be best.

An evaluation of propulsion/ablation _stems for space vehicles with ex-

tremely high velocities, based on _ei_ht tradeoff considerations, _as made

to determine the desirability of adding the propulsion system to the vehicle

design. The initial study, conducted to indicate _reliminar_j trends in

system requirements, was predicated on an i_oulsive velocity chan_e for

_e propulsion phase. Th.e optin_ division be_:een propulsive ar.d aero-

d_uq_mic braking for a planetary entry body _as deterr n_d, and the influence

of several vehicle and trajectory parameters on the optimization results
-_as evaluated.

The basic retropropulslon and aerodynamic landin_ ss_tem phases are

illustrated in Figure 65 • The system velocity increases as it enters the

planet gravitational field (I to 2); retropropulsion initiates the deceleration

phase (2 to 3); aerodynamic deceleration to position (h) follows_ and the

final parachute (etc.) phase decelerates the vehicle to touchdown (L to 0).

The impulsive retropropulsion ass_-_tion yields the constant altitude braking
phase shown as 2, to 3'; as propulsive thrust-to-weight ratio is decreased,

the altitude decrease during the retropropulsion phase becomes greater.

The implied assumption that suitable entry corridors for all payloads exist

for all the entry velocities considered is obviously invalid in some

instances, as was demonstrated in the previous section. For a sufficiently

low-g deceleration requirement, there is no acceptable corridor no matter

how low the entry velocity, and for a permissable high -g decelleration level,

there is a corridor no matter how high the entry velocity.

)
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Tnl._, while the optimum indicated design may have no propulsive braking for

-:_._ missions, constraints such as maximum allowable g level can be stipulated

such that propulsive braking of some specific mao=nitude must be applied prior

to entry into the atmosphere so that the g-level l_mit is not exceeded. The

questions of the existence of appropriate entry corridors at extremely high

ve!oc_+_o_ _ +b_ ability to o_ide a vehicle to these corridors are included

in analyses of termirml correction requirements, but are not considered in

the present investigation.

Ent_ Conditions

_qe initial conditions of the entry phase, i.e., the _a_itu:]a and direction

of the arrival velocity vector (at a specified altitude), are dependent on

the characteristics of the interT!aneta_ V transfer. The bou_udary conditions

for the landino_ phase are generally- e_ressed as a velocity and elevation

angle at a defined ent.__ altitude. _lis terminolo_or can be translated
readily from the h_-perbolic excess velocity and as3v%ototic approach distance

used for the transfer analysis.

l_ne relation between ",._:.and Va can be expressed as:

Va--L. +h + vh

:L
2

where Vh = Hyperbolic excess velccity

Va = Arrival velociL_ at altitude h

go = Surface gravity

Ro = Plsmetradius

The entry altitude values used were: Earth, 500,000 ft; Mars, 1,400,OO0 ft;

Venus, 435,000 ft. Above these altitudes, aerodyna21ic effects are negligible.

For Earth ar_planetary entry, Figure 66 presents arrival velocity (i.e.,

vehicle velocity at the entry altitudes and before ar_z retropropulsion is

applied) as a function of hyperbolic excess velocity.

For an impulsive (and constant altitude) retropropu!sion phase, both the

arrival and entry velocities (defined as: velocity at the entry altitude

after the retroprop_Ision phase) are at the same altitude. Thus, the entry

velocity (Ve) is:

Ve - va- av
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where _V is the propulsion velocity chan_e. For a r_nimpulsive

retropropulsion phase. &V must be increased due to the gravity

loss associated with a finite thrusting period.

Equiv_a!ent Specific Ir@u!se of Ablative Shields

In comparing the effectiveness of aerodynamic and prop_Isi_ braking

syst_,_s, one .might consider the ablation materi_ as the equivalent of the

propellant of a retrorocket system and define its effectiveness in terms
of an equivalent specific impulse. Baslcally, if a velocity, AV, is

carce?_ed completely _d_ile ablaticn of a fraction, L, of the vehicle takes

place, the mass ratio is l/l-L, and Lhe equivalent specific i_-@ulse is

is = _ _V
g _ n(!-L)

Unlike propellant, ho_ever, Is in t.his instance is r_t constant and in-

dependent of Z_V, but is instead dependent on _V. Thus, each increment

of AV is represented by a different Is. The Is value obtained by the use
of the expression above represents an average value over the interval from

zero to AV, and although the value might be quite h_gh in an illustralive

cas_j the effectiveness of the ablative ma$_rial in cancelling a small in-
crescent of velocity at the high velocity end of the interval might actually

be quite poor.

To derive an e_ression for the instantaneous equivalent specific impulse

of ablative materials, the ablative zaterial loss d_in_ atzospheric entry

can, at high velocities, be approximated by an eA_ressicn of the forn

L = e

cxv+ 

where L = Fraction of gross weight devoted to heat shield

V = Entry•velocity

_,_ = Constants

The mass ratio, R, during the braking phase is

I-L I - • "_v + _

I08
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which yields

_V* _ R-I

R

then

Since, in the ex_ression_ AV --Is g _r_, !sg represents the proportSonality
constant relating AV to ArL% the instantaneous slope of a V vs Iru_ character-

istic for an aerod-/n_ic ent_ _ vehicle represents g times the ecuivalent

spedlfic impulse of the heat shield material. Thus, the derivative, dV/d(_nR),

obtained fr_n Eq. (1), is the required solution.

To obtain the first term of the derivative, d#n(R-1)/d_m% substitute y=2nR

then ey = R, and ey . I-R - 1

._n (e y - 1) =_Pn (R- 1)

Thus

d]_n (eY'- 1) = din (R - 1)
-dx "'dl 

din (R - I) = eY = R

and

_V +_
1 -e

I s

Thevariation with velocity of average and instantaneous equivalent specific

impulse for a selected ablative material is pre_ented in Figure 67 . It

should be noted thatFigure67 cannot be'employeddirectly to compare pro-

pulsive and aero_vn._mic systems, since in add_tion to equivalent specific

impulse, nonpayload ine_ weights must be compared; i.e., an equivalent

propellant fraction is also needed.

I09
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L___! iisive Thrust Anal_sis

The trade-off analyses were based on the assumption of a s_mple exponential

relationship bet,,_eenablative shield weight and atmosphere onto,- velocity.

Though th_s a_sum_ticn circumvents detailed investigation of the more

esoteric aspects of hypersonic entry into, and flight _Ethin, planeta_ Z

Ablative ][aterial Selection. An optimization.analysis, based on impulsive

ve!oc!t_z chan-es (ZhV) for the retropropulslve =hase, was conducted to evaluate

the effects of the cblat'on wei_t_.,characteristic, __o_I__o._.. system nerfe.nn-.

ance and arrival-- _- '_-- _= ^_ _u_o_,e A conse_zative_'e±uc_uj on the oot_m'_m."'-_"- u_ _.....1.z_. _V.

ablation characteristic, presented in =_.__u_e 68, _as utilized for the Lm.pulsive

th_st anal_-z-s. A band of +_I0 percent is ind'eated; this perturbation of
ab_a__,on characteristics was used to evaluate the effect of the ablation curve

on the optimum propulsion syst6m velocity inerament and the payload.

The equation fitting these data expresses weight loss (L) as a function of

entD _ velocity.

8V-N
L=e

where L = Ah!ative weight
/3 = 1.388 x lO-a

= 6.h67

Ve = Enter veiocity

Analysis Xethod. The difference bet_:een the arrival velocity and the entry

velocity is the Z_V which nu_t be cancelled by impulsive retropropulsion.

_ manipulation of the ideal velocity ecuation for the retrothrust propulsion
sta_e. _ts payload weight can be exnressed as a function of gross weight (WG) ,

prooellant fract'on ()_o), specific'imoulse (Is), andAV. The factor (l-L) is
then applied to reduce the vehicle _e_ght by an amount equa_ to the ablative

material loss, where L equals the ablative weight loss expressed as a per-

centage of initial vehicle weight. A factor, (1 _c_), is then applied to

* Although the exponential form of the ablation characteristic is a good

assumption, the constants which govern its precise character are partic-

ularly difficult to ascertain; as a result, the studies presented utilize

an extremel;" conservative ablation characteristic in the present analysis,

a "best _aess" characteristic in the following section, and finally a

broadly parametric presentation.

11/
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account for the weight necessaz7 for the final descent device, where c< is

the percentage of vehicle weight after entrj losses that is required for

the final descent device. The resulting combined equation is:

(PL%= )(PL
(I-L)(1-

_2ere:

(=_Ip = _etro_rcuu!sion,. stage payload-to-gross .v__h+',_o---ratio

TG = C_#eraql lar! _ _ system p<qoa_-to-gross _e._ght ratio

or

In the anal}_sis, wro._Is.cn systan design _ms based on a Ap of 0.85; specific
impulse values of h20 seconds (nominal) and +100 vere used.

The percentage of vehicle weight (e<)for the ffnai descent de'rice _:as con-

s-dered a_ O.n_, ..... ch _:as su_gected_ _"_., t_e..I ...... ed data available; the

particular value affects payload, but has no effect on ootimization of ZkV.

)

Results. The effects of arrival veloclt_es, specific _mpu]se, and ablation

characteristics on the optimum propulsiveAV are presente_ "n Figures 69

to 72 . The effect of planeta_r arrival velociti: and ._p:ecific impulse

on propulsion _stam selection is sho_m in Figure 69 • The optimum pro-

pulsive AV and payload-to-gross weight ratios from Figure 69 are presented

as a function of arrival velocity in Figure 70 • The resulting curves

show that, based on the ablation weight curve used in the analysis, for

planetary arrival velocities of 40,000 ft/sec or less, no propulsion system

is required.

Ent_j velocities can be found by subtracting the propulsive AV from the

arrival velocity; therefore, it can be seen that the optimu_ entry velocity

is approximate].y 40,000 ft/sec for all arrival velocities in excess of this

value. These figures also show that for a lO0-second change in s2ecific

impulse, the optimum propulsive _V changes approximately lO00 ft/sec. For

smaller variations in specific impulse, the change in optimum propulsive

AV and payload woul_ be _nsignificant.

I]3
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The effect of ablation characteristics on propulsion _jstem requirements

is shown in Figure 71 . In addition to the nominal ablation case, results

are sho_m for a lO-nercent increase and a lO-perceut decrease in the nominal

ablation losses. ?Tith a decrease in ablation loss, the optimum propulsive

AV shifts to a lo_er value resulting in a slightly higher optimum aero-

_m&w.ic ent_j velocity. In Figure .72 are presented the optimum propulsive

AV and p_/loads for Figure 71 .

To illustrate the effect of a cbmnge in slope of the nominal ablation curve,
the nominal abZative _._e!ghtloss curve was rotated about the point for an
entry re!ccitT of hO, O00 ft/sec and pa_sed +_u__,._ _.. the lO-percent decrease

cha_act_rist-c at an entry velocity of )4%,?00 ftTsec. The effect of decreas-

ing the slope is zhmm _n F'_ire 71 for an arrival velocity of 50,000 ft/sec

(Curve A). The effect of a similar increase in the Figure 6S slope is shown

in Curve B of Fi_are 71 .

l_en the slope of the _:eight loss curve of Figure 68 is increased, there

is a slight increase in the optir._ AV; and when the slope _s decreased, the

optimum_V shifts to a lower value. In these cases, s_nce the ablation
characteristics were rotated about a nolnt near the optimum ezt_T velocity,

there was a verst _oall charge in the opt%n.um payload; but if the curve had

been rotated about some velocity point other than the opt£_.ur., there would

have been a greater effect on the 0ptim_m pa-/load and _ropulsive Z_V. If the

nominal ablative _:_e_ghtloss curve of Figure 68 is rotated about a velocity

point belm-: hO,OOD ft/sec, a decrease in the slope produces an increase in

the opt_m_n oaF!cad and a reduction in optimum _._n'.7_v_AV;__ _ an increase
causes a decrease in the optimum p<zload and an incr-_ase in the optimum pro-

puls!ve AV. If the rotation point is above a ve!ocit*j of h0,009 ft/sec,

the reverse occurs.

Finite ThrustAnal_sis

Analysis _;as conducted to indicate optimum thrust for the propulsion phase,
and to determine the effect on velocity requirements of employment of a

finite thrust phase. The vehicle considered had an Earth hyperbolic excess

velocity of h8,O0O ft/sec which is indicative of a fast (lO0-day) return trip

from Mars. In comparison to the lesser b_perbolic velocities associated

with other trSps (e.g., 30,000 ft/sec for 2hO-d%vMars-Earth, 10,OOO ft/sec

for 120-day Venus-Earth and 0 ft/sec for S-day Moon-Earth), the subject

journey represents close to an extreme condition of magnitude of Earth-

approach velocitp'. In the absence of propulsive braklr4, the vehicle would
enter the Earth's atmosphere (bOO,C00 ft altitude) at 60,200 ft/sec.
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P__r_lculsiveBraking Phase. The first _hase of the analysis was selection
o. opti_.tumpropulsion system characteristics over a }5_de range of possible

required propulsive capabilities. The propulsive phase _.Jasterminated in

all cases at the selected Earth entr._:altitude, LOO,O00 ft (representing

an effecti-:e outer fringe of the atmosphere) at velocities rang__ng from 38,000

ft/sec to 60,200 ft/sec (the latter corresponding to no propulsive aTplicat_on).

The propulsion _-stem..ideal velocity requirement _as cc._.pute_based on digital

ccmputer s-'uulated trajectories for var'ous initial _hr.st-_e-_e_ght values.

The results are ?resented _n F_F_urec 73 to 78 • Vehicle character'stics
re_reseT_tative _f a pump-fed Li_u'd o_Jcen/H::drogen propulsion system _'ere

as_u=_ed, _; _ .......de: e._e,.t _Je-g'ztfactor_, KE, rar z_ng from _.O1% lb/lb
thrv.st to D. ^_J_> _,_ereselected, _._th 0.02% utilized as a t;-_ical nominal value.

Results cf the thz_st-to-}:elght optimization for the retro-i;ro._uls-en phase

are presented in Figure 79 • The data _er_ uormalize_, in each instance to

the _rcss _yei_ht-to-ca[ load ratio obtained at l=/_jequal to 0.1_, arz.f"the locus

of o_t_.'_. _ .:values for 0.02_ _.,_ass_ er_o_ _ on the e_+a presented.

It _s e_ident from Figure ?_" that as atmosoheric entr.; _;eloc'ty increases

above h6,OO0 ft/sec, corresy,o_in_ to propulsive ideal_kV values helo_,_16,DO0

ft/sec, the optimum F/I,7decreases due to the penalty that thrust-dependent

_.:eightit.poses on prooulsion_ s-:_tem.__ . orooe!lant_. fraction. Hog,ever, the/l.iufluence..:
o_ _./_,.cn gross ..:_......becomes quite _r_all. The decrease in opt_.u_ as
ent_: veloclty, decreases below h6,000 ft/sec reflects the lessening _'_on--_e_-cance

of gravltT: effects as the propulsive maneuver is initiated progressivel$_ further

out in space, in Table 16 , propulsion _stem data are suw_arized for vehicles

(all _._-'÷-'_v_____,at a h:_perbolic excess velocitF of h8,009 ft/sec) _,:ithonto.:

velocities ranging from 38,000 ft/sec to 6.0,200 ft/sec. The results sho_: that
the AV-lcss associated _._iththe optJ_mt_ F/_,Vindicated is small. Thus, for most

preliminaz_: ar.a_rses, the difference bet_zeen the arriv-_l velocity and desired

ent_,, velocitF can be used for propulsion studies. The payload for the pro-

pulsion Fhase is the ent_, veh'_cle weight. This pa'/load, indicated as a

fraction of the initial gross weight, is partly useful landed payload and

partly heat sh-_:eldfor protection of the vehicle durir_ the aerodynamic phase

of the landing.

Those vehicles which empioy large propulsion systems prior to atmospheric

entry require small heat shields for the aerodynsmic braking phase; and vice

versa. The lightest overall vehicle is obtained by selecting an integrated

landing system which optimal]$- trades off Fropulsion system and heat shield

weights. The analytical process involved is described below.

119
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Hyperbolic Excess Velocity : 48,000 ft/mee

Note 8 For each entry velocity, _ Piddle Ctu-ve -. 0..025
the thrust-dependent weight factors, L_ottom Curve. 0.015
pounds inert per pound thrust, are:

0.90
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.,-I
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_ntry Velocity,

q
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Figure 79
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. Thrust-to-Weight Ratio Selection for F_rth Reentry Vehicle
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TABLE 16

E_TH __RL- VK-.'ICLE PROPULSION SYSTH.I DATA

Arrival Entry VA - VE, Oot__nu_

Velecit-- Velocity ft/ _ ..... _ _ "_'

(V.,), (VE) , . Thrust-to-
f _/s_c ft/sec _:;eight Ratio

Propulsi on Propulsi on

Velocity Gross !',eight

increment, Ratio
ft/sec

60,200 38,000 22,200 0.47

.:.., _' v '4._ .Z..',.J, _.. _Jv ",.; • j.._

46,000 14, 220 O. 55

50,000 !0,200 O. 52

54, O0 D 6,200 0. _'3

56,0_0 4,200 0.32

6'?,203 60,200 0 0.00

22,810 O. 0509

.L%2, %.*.L._.Q VO J__.%_ |

!4, I;90 O. 2298

_,._oO 0.36%

6,300 0.5610

h, 27 0 0.60_.5

0 I. O000

_?ste _. Sntegration. ._.na_proxinate exoression r_la__._: heat shield fraction

tc atmoswhere, ent_ velocity wan presented, earlier. -__....=_"'_ure 80 , tbmee

ablat_or characterlst'cs arc presented: (1) represents a high]j conse_:ative

estimate, (2) is _.-_currert "'_e_t_._ _.ess" gleaned fr_m _,,----_'___idata, (_' is

an arbitraz_ characteristSc deliberately chosen to i::Cicate a bcrCeriine

cond_t:.on be[/ond uh'ch ._ "" _-"o. opu_s__e hrahing offers no ueight advantage.

_ "_ multl-.!_ed by the factor, I-L,The ent_: vehicle weight sho_.m in _a_le 16 ,

yields the useful oayioac of the overall ±_nd_ng vehfcle. The results of

this operation are present@d in Figure81 for the Ta%[e 16 data used in con-

junction _dth each of the heat shields represented in Figtu-e 80 • The use

of heat shield curve (I) yielded an optimum ent_; velocity of 42,000 ft/sec,

thus requiring a retropropulsive ZkV of 18,610 ft/sec. (This result is in

close agreement with the results of the impulsive study and substantSates

the validity of assuming impulsive veloc-Jty additions for vehicle optimi-

zation analyses.) From the nom'nai heat shield data, Curve (2) of Figure 81,

5t is ir_cated that the optimur, configuration has 4270 ft/sec of propulsive

braking capability and an entry velocity of 56,000 ft/sec. The payload,

representing approximately 31 percent of the original space vehicle weight,

includes all weight that survives atmospheric entry. Further distinction

between structure and purely useful payload (men, scientifSc equipment) is

beyond the scope of the present analysis.
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Curve (3) results in a limiting condition; the optimum propulsive velocity

increment is zero. For lower shield weights, the propulsion requirement

obv_ ously continues to be zero.

For the mission conditions and ablation characteristics used in this

analysis, a propu!s_on system, albeit a re!at've!y small one, was desirable.
i'nemission conditions used are probablv more severe ...... are

like]j to be encountered at either terminus of an__ presently en_-isioned

interplaneta_T miss'on. Practical missions, at least in the next decade,

are urlike!y to be so ambitious as to attampt a lO0-day i:ars return; trip

t'mes closer to 200 da:;s are mere feasible. From a perfor_._auce standpoint,

propulsive braking is not required for the direct landing ti_ajectory con-

sidered for nozina! heat shield we__g_:usand ...._--_-'-" --_^^'_"-'-'-_ *-i,:_:uu-_c excess ,=.u,.__._es
less than 42,00_ ft/sec; propulsive braking, as a neans of reducing overall

vehicle _:ei_ht, therefore does not appear necessarj.

Parazetric Ab!atJon Shield Anal_,sis

Six ablation characteristics, sho_.T,in Figure 82 , were selected to cover

the broad range of available heat shield we-ght data. The ablation weight

curves are sho_m rad_atirg from the point, a 3-percent heat shield weight at

20,000 ft/sec ent_ velocity. Because convective heat transfer _s the

dominant mode at th's low veloc'ty, the aralytical diff'culties of radiative

he_t transfer, ard the related _dde diversity of predicted ablat-on shield

_e'ght, are not manifested; there is, as a result, relatively good agreement

among available d_ta sources on the selected coz_non point.

Further experimental and design data on heating conditions, and optimum ablation

shield conf:'gurat'ons 9 am_required to verify a particular ablation cbmrad_eristic.

Thus, a parametric approach was _mployed in this analysis.

Techniques described previously were employed to determine optimum retropropulsive

velocity a_ditions for the selected ablation characteristics and planetary entry

conditior_. Impulsive velocity increments were util:"zed, and a nominal pro-

pulsion system with a specific impulse of 420 seconds and a propellant fraction
of 0.85 was assumed.

Results of the analysis are _resented in Figures 83 to 88 , each figure

corresponding to one of the selected ablation characteristics. Note that

a particular arrival velocity implies different h_perbolic excess velocities

at Earth, Mars and Venus. Values of hyperbolic excess velocity are stated
along with each arrival velocity to relate the data presented to specific

int erplanetar-y tr_ps.
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Curve (3) results in a limiting condition; the optimum propulsive velocity

increment is zero. For lower shield weights, the propulsion requirement

obviously continues to be zero.

For the mission conditions and ablation characteristics used in this

analysis, a propulsion systmn, albeit a relatively small one, was desirable.
The mission conditions used are prob_u±j ,au_ o_vere *_ ....... *""_'"

likely to be encountered at either terminus of any presently envisioned

interplanetar V mission. Practical missions, at least in the n_ decade,

are un!ike!z to be so ambit'ous as to attampt a 100-day liars return; trip

t'mes closer to 200 da_:s are more feasible. From a ?erfon_.arce standpoint,

propulsive braking is not required for the direct landing tzajectory con-
sidered for noz_n_-i_ h_at shield weights and h_/_f_crbolicexcess velocities

less than _-2,00'D ft/sec; propulsive br_/<ing, as a neans of reducing overall

vehicle _zeight, therefore does not aPPear necessarj.

Parametric Ablation Shield AnalTsis

Six ablation characteristics, sho_.T,in Figure 82 , were selected to cover

the broad range of available heat shield we'ght data. T.heablation weight

curves are sho_m, radiating from the point, a 3-percent heat shield weight at

20,000 ft/sec ent_ _ velocity. Because convective heat transfer is the

dominant mode at th's low velocity, the analytical difficulties of radiative

he_t transfer, and the related _,/de diversit:: of predicted ablat.'on shield

_;eight, are not manifested; there is, as a result, relatively good agreement

among available data sources on the selected co,men point.

Further e_merimental and design data on heating conditions, and optimum ablation

shield conf_gurat_ons, a_required to verify a particular ablation cbmrad_eristic.

Thus, a parametric approach was _mployed in this anmlysis.

Techniques described previously were employed to determine optimum retropropulsive

velocity additions for the selected ablation characteristics and planetary entry

conditior_. Impulsive velocity increments were utilized, and a nominal pro-

pulsion system with a specific impulse of 420 seconds and a propellant fraction

of 0.85 wasassumed.

Results of the analysis are _resented in Figures 83 to 8S , each figure

corresponding to one of the selected ablation characteristics. Note that

a particular arrival velocity implies different _perbolic excess velocities

at Earth, Mars and Venus. Values of hyperbolic excess velocity are stated

along with each arrival ve!oci_ to relate the data presented to specific

interolanetarytr_ps.
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The importance of kno_ing the ablation characteristic is clearly illustrated

by the fact that for a minimum weight system, a conservative ablation weight

estimate, Curve (1) of Figure 82 , dictates the use of a retrorocket for
arrivals above 33,000 ft/sec, _Thi!e an optimistic estimate, Curve (6) of

Figure 82 , y_elds the result that no propulsion systmn is needed for arrSvals

below lOh, O00 ft/sec. "

The pa[loJ e.-_ression derived earlier, _hich combined the separate effects

of the _re-_ulsion system, the ablative heat shf eld and the telxinal deceleration

device, ".-asdifferentiated with respect to the 7ropulsive velocity change,

AV, to obtain the ezp_ression

_,1_s g _ -AV) +
(PL/?Z) = is go -1 + e _e

P

 v/!sgo Ee (VA-AV)+ d 13+ e

__ ,-_..__._._+_,,=l_____to zeroj an4 optSmum fiV _ms then comouted, directly, as

a function of arrival velocity.

-" " Ea_ landings. For a given mission±ne results are sho_m _n Figure 89 for --_

h[_erholic excess velocity, the optimu_AV is the vertical distance bet}yeen

the arr_val velocity curve and the optimum entD- velocity curve corresponding

to the a?propr_a±e ablation characteristic. Thus for any ablation characteristic,

; o: ._. -_...... l • and _h_ correspondin_ optimumthe _e_.ra _l_._j of using a _._u_slon _.'stem,

/k V, can be determined. The resultant payload csn be determined from Figure 83

to 88 , or by the use of the pal-load-to-gross weight ratio equation presented

previously.
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E2TH TERI.SIIALDECELERATION PHASE SYSTEI,S

The inability of a parachute to decelerate a mass efficiently to

vary low velocity and the independence of a rocket device from an_

such constraint on operating regime suggests that a combined s_tem
for final deceleration of a la_ir_ vehicle might be more efficient

than either device employed singly for the s_me task. An investi-

gation was therefore conducted to evoluate psrachute/rocket systems

for the terminal-descent phase of Earth l_-Klings.

The p_rachute is first deployed to sl_z the vehicle to parachute

terminal velocity, VT. The ve._cle then continues to descend at

terminal velocity to an altitude determined. _r the t.hrust-tc-ueight
ratio (F/0_) of the roc]:et. (The higher the F/.'_,the lover the

isn_tzon _ltltude.) The rocket _nen s±o_Ts _ne ve._ic_e _o iL:p_c_

velocity (VF).

_ complete terminal descent ovate _ includes not only a p_ _.c.mte and

re_orochet, but an impact _ozorption device as yell. For the

initial analysis, impact velocity, _ therefore £up_ct-absorber

veight, was f_:ed at one of tx;o dizcrete values (I0 _nd 25 ft/sec).

_ a result, the _.,eightof the Lmpact device _.ms constant and did
not affect the optir_ization of the p_r_chute/retrorocket combinstion.

Submecuently, the varimtion of iupact abmorber ;:eight vith _mpact
; .......... __ _..L t__ _. _. _-___ _.

ve!oc:ty was consldereO, ar_ o_'oL_.iZ_lOn o_ p_! _-cz-Ll_e/-uc_ev/_.i)_cv

device systems _,as perfor.ned. It should be noted that inclusion of

L'_paet velocity as a perni_sible w rieb!e L-,?lies t.hCt no restric-
tions Ere i._oosed by touchdo_m stability considerations. From a

Iracticol stardFoint, it is un!ihely that desisn L_p_ct velocity for

a la'iSir_ vehicle _Ji!l exceed 25 ft/sec; houever, if inter_i velocity

at _act can be closely controlled and reliable operstion of long-

strobe !.npact absorption devices can be assured, there need be no

limit on _upact velocity.

P_r _ocket Syste m

Parachute Systam, The forces acting on the vehicle during a psra'-
chute descent are the vehicle local weight O_L) and the parachute

drag force which is dependent on the descent velocity (V). At

equilibrium conditions V = VT (parachute terminal velocity), and

the drag force is equal to the local weight of the vehicle.

4

D = Vehicle diameter

c_p=__Atmospharlc density n_ar surface of planet

PErachute drag coeffilie_t

FORM 608.B (LEDGER) REV. 1-58
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The vehicle local weight may be written in terns of vehicle Earth

_zeight, WE

WL=WE "_e

_:here g_ge is the ratio of p!anet_ry grsvity to E_th gravity.

The p_rachute weight may be considered directly propartional to its

cross sectional _rea. (Reference • ). Thief ore, by applying some
proportionality constant (_), the parachute weight (1_p) is:

_,,, _;C )

En_ed on representative data _rovided by the f_.es Reseorch Laborvtory

for _u D_rth !smdinz parachute system,

_2.7/¢T 2
WE =

Theref_re_

__K = _.7, _ince gp/ge = _ fc_ Earth.
e

The resulting equation for_ p_schute systen _._eiEhtfor extra-

terrestrial landing is'."

- Gw E_rth %2.7____

_E _e _ (V_"

P_etrorocket System. A rocket engine having a specific impulse of
2-40 seconds was used. The propulsion system weight, includ_

propellants used was:

_A_G=.(F#) (0.00_ + 0.00Z,_7%)

where tb is the b_rnimg time.
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The expression f_ tb was derived on the basis of constant F_

d_ring burning (there is actually about a 3-percent wriation

if constant thrust is employed) with drag assistance provided

by the parachute during rocket op_ation.

The forces acting on the vehicle during rocket operation ere

thrust (F) weight (W) (both ass'_med cor.stant) and p-o__achute

drag which is eoual to k V2. The nroportionelity constant nay be

where V = VT _x_ the drag force is ecua! to the uei_ht of the

vehicle; i.e,,

k = W/VT2

The ecuat-Jon of ....t_on f_ eor_bined rocket _ p_rachute

ret_d_tion is_ therefore,

dV _'F F + C:,,_¢_2)_v_2- W _ /VT2_--=- = : = g F/.: 1) + V2
dt M w/g

oe,_.._._.,,'_.._. v_i_bles at! inte_ratir_:

I_!-/V F dV
"(_/,',-1)+ V2/V_

vT

which yields %'b._ gl "_ srctan Iv
vf

vT

D

Exp_iing and letting (F/,7- 1 ) "_ = c

c VT ctan (cVf/Vt) - srctan
_= g

Systems Analysis. Initially, an impact velocity _VF) of 10 ft/sec

was assumed and values of VT and F_.T were varied to obtain the

minimum pararocket system weight (W system) - to - gross vehicle

weight _G) ratio.

wG wG

FORM 608 "Ira (L[D GFR) REV. 1-58
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The optir£zation was repeated using 50 percent greater parachute

_,:ei_hts_:ith nominal rocket weights, _nd again using 50 percent

rocket weights with nominal parachute weights.

As a oarachuts terminal velocity is increased at constant rocket
F/_ a_ vehicle-_npact velocity, a _reat_ part of the velocity

must be cancelled _j the rocket. Thus, the rocket weight increases
end the parachute weight de_eases as shotm in Fi_ure 90. Equal
_^--"_-_ -_ "..... _ -^_^_ _-"_" thot *_" .... c _'_÷" '_'_'._"_'_ the

entire retro tnsh a_ the rochet _eight is zero. The parachute

_:eight c_ve of Figure 90 may also be used to sha: the _!ei_ht of a

p_r_chute-only system for_ _n E_th lar_ir_, uith i_act velocities

corresporZing to the i_icated p_chute ter-ina! velocities.

_-_ ;,*..._:_.u_ versus _,.._'T _^_ _ -__-_'_" _-" ..... _.,_ __1.,Ou_ syste.-..-'-'-"_-

v_locities, VT, _nd an L_._._act.velocity,. V_,. of 10 f_/_ec ere _resented

kr]pact velocity, the opt!_'_u:system e::_F!%zsthe _racl_ute to slow

the vehicle to between 60 ar_ _0 ft/sec, a._ the%_"applies rocket

_o an :/J of a_'__tenvz-:----.... , 1.6 to suop!y_ e_n ideal ZkV of

a_L-rcr!m_±.e_v 65 to 85 ft/sec. The s2,sten "'_'_._"" is =pZ_oxi_ately

4 percent of the vehicle weight.

The effect of increasing the _ '_,_....c;_u_e _:eicht ___._the roc]zet system

",_.... . s_..u,nin Fi_-e 92 _ 93 _"_:e_<nt oy p,.., rercent is ..... . _.._,esystem
opt_:_izes at a ter_-inal velocity close to SO fps if the ?_rachute

_:eizht constant is increase5 by 50 oercent. The slight increase

in system _:eight as conp_ed to the nominal case reflects the fact

_na_ the parachute accounts for only a small par t of the system

tceight. For a 50-parcent l_ger rochet t_eicht factor, the optimum
p_rachute terninal velocity is oD ft/sec, the opti_u::_:/,,,is approxi-

mately 1.5 and the system t,,eighsap_proz.imately 5.3 percent of the

vehicle gross weight.

Reducing the design impact velocity, VF, does not significsmtly

change the F_; optimization as indicated in Figure 94- Lnereasing

the design value to 25 ft/sec, however, results in a reduction of

optimum F/_4 to 1.15. A complete F/J and VT optimization was made

far a VF of 25 ft/sec and is _resented in Figure 95 •

In Figure 96, the optimum total system weights are shown as a function

of parachute terminal velocity. The optimum F2J values versus para-

chute terminal velocities sre presented in Figure 97. If the psra-

chute weight constant is increased by 50 percent, the optimum F/W

for a psrticular parachute terminal velocity does not change;

, )
j"
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therefore the optimum F_I curve of Figure 9'7for an impact velocity

of 10 ft/sec and nominal system weights is also applicable to the

case where 150 percent nominal parachute weight is used. The

optS-ram parachute terminal velocity does, h_vTevar, shift to a

higher value far the higher parachute-weight case.

Parachute/_etrorocket/Im_act Device S_stem

in the ' " ae_cribe_ disorete _ ..... _ _.... _ VeI_÷Y

were selected on the basis of stability criteria; the optimization

analysis involved only the o_achute and rocket employed prior to

impact. ,_minvestigation optimization of a combined system

emRloyi-_ a parschute, a retrorocket, and _u impact enercj-absorbing
device _.:asconducted to det_:Line opt iz'_ over 7a!l terzinsl decelera-

tion phase systems.

The _:eight percentage o_ _u £npact energy-absorbing device is

deoe?_ent on the _:_sct velocity (VF). Therefore, for an opti_i-

zation curve based on a const_ut VF, adding a constant _-_act device

weight does not chs_nge the o;.t_Jm_ ;:_rachute terninal velocity (VT)

and rocket F/J. Onl_T the system weight (which n_; includes the

ener_:-absorbi_ device) is increase. For a r__uge of VF values,

the opti__z_ VT values and the opt_-._r._unrocket ./, v_-lues are presen-

ted in F_eg6 •

The ._n________p._r__rocketweight, the psrachute _eight, _nd the weight

of a frangible tube impact device* _e Fresented in Fizzle 99 as

a function of VF. The frangible tube data is from Refermnce 5 •

_._pact velocity refers toFor the par_-ocket system wei__ht, the "-

the velocity at which the vehicle strikes the surface immediately
after rocket l_._nout.• For the p_machute (only) system, the impact

velocity is the parachute ter_Xnal velocity.

The combined system weight for Esrth is presented in Figure100. .For

a nomin_l _eight case, at impact velocities above approximately

40 ft/sec, the parachute system is lighter than a par_rocket system.

A_ding the impact energy-absorbing device does not alter this trend;
the lowest combined system weight (approximately 3.0 percent of the

*The indicated impact device weight essentially reflects only the

weight of the velocity-dependent portion of the overall lar_img

gear. A detailed landing ge_ study presented in the Appendix imdi-
cates that most of the weight is devoted to items which are not

dependent on impact velocity.

i I

D
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vehicle gross weight) is obtained by the use of a perachute to reduce

the descent velocity to 55 ft/sec and then a fr._ible-tube system

to absorb this velocity. If 55 ft/sec exceeds the impact velocity

that assu_es touchdo_m stability, a nonopti_u_ parachute system

x:ou!d be e.up!_3ed to provide a l_:er impact velocity; if a velocity

below L0 ft/sec is desired, the pararocket is more efficient than

the psrachu_e system. The fact that at zero _mpact velocity, the

pararocket-systen weight (no franzib!e-tube _mpact system) does not

eque2 the ootintLu combined p_rochet _ fr_ible-tube system

,.:eight!m_o!ies that some allo_znnce is z_de for _-_act-device _eight

zt zero _--.pactvelocity.

2m.alysis results using pcrschute ueight increased by 50 percent _re

_resented in Figure 101, _ __u_ .Jhere the _act ener_7-absorbin_ device

_:e:Lchtis incensed 50 p6rcent _'e !_'eseiited in Fi_e 10_ The
or,,,ercorJition tends to in'crease the c_t_-Atu L__D_ct velocity; the

_t+_ _ _±.tle effect other +_n- _ reduction in waylo(_d.

Syste n Selection

_ _The resL,its indiczte that far desi£_ i-._act v_loc_t__ be!m_ _.0-i5

ft/sec, the p_ocket system (p_r_chute Flus retrorocket) results
•in a lo_er system _:eisht th_n use of only a p_rachute. _proxiuate

v_lues of the optS.Nun thrust-to-(Earth) weight ratio for the retro-

rocket " " '- " " ..... -"-_ "- _'" _'_ =8_nu parachute aeslgn u_r;.._a_ ve_,Jc_u_:, _seu on a design

impact velocity of 10 ft/sec, are 1.8 _m_ 70 ft/sec, respectively,

and the ..... oc_et _ystem constitutes _.9 percent of the _ross

_,_elght;_ucludi_ the fra'_ible tube system raises this to &._ percent.

System optimization including an impact energy absorb_ device,
results in the _,_n_un-__ overall system _:ei_ht occurrir,_ at .high design

_hnact velocities, uhere the parachute (only) syste.m is lighter than
the o_r_--_ocl:etsystem. The comb-lm.edsystem _eights at optimum VF,

and for 25 ft/sec and 10 ft/sec VF values _re presented in Table !7.

The general results of the study indicate that if high i_pact velo-

cities are al!m_able, the desirable system from a weight and

miniTam complexity st-_dpoint is the parachute and impact energy

absorbing device system. If it is necess.xry to limit the impact

velocity to 10, er possibly 25 ft/sec, the addition of the retro-

rocket results in lower system weights.

/
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TABLE 17

C0]._32,,'3_ SYSTEM _E_HTS

_inizum Ue ight

Confi_-uration

Percent Gross

Weight

Par nchute

Impact
Device

3.1

vF= lo ft/_ec

F :r crocket

Lmpact
Device

4.4

VF = 25 ft/sec

P,__r___rocket

Impact
Device

4.1

*VF = Impact Velocity

_59
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'EARTH -MARS MISSIONS
J

MARS TRAJECTORY SELECTION

The propulsion requirements for a round-trip mission to Mars are strongly
dependent upon the launch dates and transfer durations selected for the

outbound and return legs of the journey. Optimum round-trip trajectory

characteristics are determined by analysis of the trade-off between pro-
pulsion system ideal velocity .... _ ..... ÷_ . ....._ ............ , which increase as ÷',*_ trip

duration decreases below approximately 950 days, and the weight requirements

imposed by life support, meteorite and radiation shielding, and propellant
storage, all of which increase with increasing trip time. The latter

factors are, at present exceedingly difficult to ascertain precisely;

as a result, a parametric approach is utilized where necessary in subse-
quent studies.

A variety of Earth-Pars trips are described in Table 18 ; the datapre-
sented were obtained from References 6 and 7 . It should be noted

that the indicated hyperbolic velocities vary cyclically, and repeat (ex-

cept for a change on the order of lO00 ft/sec from one period to the next,

caused by the eccentricity and inclination of the Furs orbital plane) each
synodic period, or 780 days. Specific trips are general1/ characterized

as slow, such as items (I) and (2) in Table 18 , or fast, as represented
by items (7) and (8).

The propulsive energy requirements for each leg of a slow trip are mini-

mized separately, without regard for the resulting planetary stay-time,

which in the illustrative case is 465 days. The implication of selecting

a slow trip is that the propellant required to provide additional velocity

capability exceeds the weight of additional life-support, vehicle shielding

and insulation; in the light of continuing developments in closed-cycle

ecological systems, nuclear or solar power sources, insulation technology
(and other methods of temperature control) and in-flight vehicle repair

techniques, this possibility exists, but it is presently doubtful. The

choice of launch dates and trip times in this instance is straightforward,
and essentially unaffected by considerations such as the use of aerodynamic

braking on arrival or propellant shielding and storage during transit..

Fast trips are difficult to optimize. For a typical specific total duration

of 352 days, of which 12 days are for surface exploration (items (7) and (11)
of Table 18 ), the selection of launch date and Earth-Pars trip time is

not simply a case of minimizing the total hyperbolic velocity requirements.

First, arrival conditions at Mars and later at Earth are leas consequential

• 16o
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since deceleration will be accomplished principally by aerodynamic means.

This factor indicates that system optimization entails minimizing the sum

of the departure velocity requirements. However, the Mars takeoff pro-

pulsion system must be shielded and insulated until it is used; the Earth-

departure propulsion system has no such requirement. This condition sug-

gests that for an optimum system the minimum total-departure velocity

stipulation cited above should be biased to_mrd higher Earth-departure

velocity {i.e., a short outbound trip) in return for a subsequent lower
Mars-departure velocity requirement. Though precise design data are not

currently available in all pertinent areas (in particular, meteorite
shielding)_ the round trip described by item_ (7) and (II) of Table 18

is a reasonable estimate of an optimum mission profile, and thus provides

general requirements, where needed, for analysis of Nmrs landing phasese

TEB__NAL CORRECTI(_S FOR EARTH-MARS TRAJECTORIES

Landing on the surface of Mars can be performed in several ways. The

vehicle can enter an orbit about the planet and then descend wholly or

in part to the surface. This concept would be of value for early missions

where it was not deemed possible to rely on a direct aerodynamic entry

without surveillance, equipment checkout, etc. Alternately, the space
vehicle can employ atmospheric braking for direct descent to the surface'

In either case, since midcourse correction analyses for the missions

studied have shown that the vehicle approach trajectory accuracy is in-
adequate, there is a requirement for te_inal corrections. The te_Anal

correction propulsion requirements for both landing •concepts were analyzed
since both concepts may be used for f_rs system_.

Propulsive Orbit Establishment

•An &nalysis of terminal corrections required for missions which utilize a

propulsion phase to establish a 300-n mi circular orbit has been performed

in conjunction with another study.* The method of analysis is presented in

Reference 2 . The Earth-Mars trajectory used in the analysis is smmaarized
in Table 19 ,

TABI_ 19

EARTH-MARS TRAJECTORY FOR ORBIT-ESTABLISHMENT MISSION

Launch Transfer

Date Time_
days

6Dec. 196h 250

Hyperbolic Nominal Actual

Arrival Asymptotic Asymptotic

Velocity, Approach Approach

ft/sec Distancej Dis tance,
nmi nmi

12,000 3,400 5850

NASA contract NAS 7-88 conducted by Rocketdyne
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The actual asymptotic approach distance resulting from midcourse correction

inaccuracies was 5850 n mi, a deviation of 2450 n mi from the desired

value. The relatively long transfer mission with its low arrival velocity

was selected as representative of propulsive orbit-establishment missions

since faster missions result in excessive propulsive _V and propulsion
sys ternweight requirements.

The terminal correction velocity requirements for the selected mission,

and an alternative trajectory with a hyperbolic approach velocity of

15,000 ft/sec, are presented• in Figure 103 for various asymptotic approach
distances. A crossplot is presented in Figure104 to indicate the decrease

in correction velocity increment with reduction in asymptotic approach
dis tance deviation.

An analysis of the effects of errors in position and velocity measurements

and in correction maneuver execution was performed to evaluate the sub-

sequent altitude deviations in the propulsively established orbit. The
measurement errors were range dependent, and execution errors were _V

dependent (where the AV was indirectly range dependent); therefore the

deviations in apsides altitude caused by the errors were plotted as a

_ction of range (Figure 105). A tolerance of lO-percent (30 n mi) in

the deviation of apoapsis altitude of the orbit was utilized for selecting
the range for making the terminal correction.

For te_ina! corrections, the _-_" ....._ua_of e_ecution e:u-_; is a fu_nction of
F/__ratio; the res,Llts presented for +o_-'_...._ .... correction rsquirements
corresponded to a 0.3 F_J ratio, which is also the F/$J :alue employed for

the subsequent orbit-establishment maneuver. For F/_ r_t[os between 0.I

and 0.5, tTM .... -_ ,,__-, _a .... _o_.O. is,,. e.,_u_ errors vs_y .,_.l-._,_,, ._ t_ -._..._.-._- _
therefore valid for any F/_ in this range of values.

The correction rsnge obtained from Fi_Jre 105 and the m_gnitude of the

correction velocity increment (Figure 103 ) for that range are given in
Table 20 .
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TABLE 20

TERMINAL CORRECTION FOR MARS ORBIT ESTABLISHMENT MISSION

Mission Nominal. Apoapsis Correction Ter_nal

Orbital Tolerance, Range, Correction _V,

Altitude, n mi n mi .ft/sec
nmi

Earth-Mars 300 30 46,000 " 630

Atmo,s_heric ,Entr7

Terminal Corrections required for atmospheric braking missions were

investigated for the two Earth-Mars transfers presented in Table

TABLE 21

FARTH-_._ARS TRAJECTORIES FOR ATI_DSPHERIC ENTRY _,ESSIONS

Trajectory Launch Date Trip Hyperbolic

• Number Time, Arrival Velocity,

(see Table 4 ) days ft/sec

I 19 May 1971 170 11,000

3 6 June 1971 80 34,400
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An analysis of midcourse corrections for these two trajectories (discussed

under Earth re-entry) was made to determine the deviation in asymptotic.
approach distance which existed at conclusion of the midcourse correction

maneuvers. These results are shown in Table 22 .

TABLE

N_RS ARRIVAL C0_IONS

Trajectory
N_mber

(see Table 4 )

Hyperbolic
Arrival

Velocity,
ft/sec

Nominal Asymptotic

Approach Distance (D),
nmi

Deviation Actual

n mi Approach

Distance (Da) ,
n mi

1 ii,000 3190 2_60 6650

3 3_,000 2025 475 2500

The entry corridor (Figure 10_ defines limits of entry conditiorm suitable

for performance of aerodynamic landing m_neuvers to th_ surface of Mars

using a _rsg vehicle confi{aration. The co_'2idcr for this t_pe vehicle is

narrower than corridors for other vehicle configurations. Therefore,

trajectories satisfying this corridor will be valid for other configurations.

The combinations of V=and Da from Table22 represent trajectories with

atmospheric ent_ _ conditions outside the Mars-entry corridor. Therefore,
terminal corrections were necessary. The objectives of the terminal correc-

• tions are given in Table 23.

TABLE 23

NOMINAL ENTRY COI_DITIONS INTO THE ATMOSPHERE OF MARS

Trajectory
Number

Entry Entry VE/Vc0
Altitude Velocity

(hE), (V_-),
feet ft/sec

Entry TraJectory

Elevation Angle

E),
degrees

I 1,425,000 19,090 I. 73 -24.9

1,425,000 37,760 3.42 -24.9
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The magnitudes of the terminal corrections are plotted in Figures 107 and

108 , as functions of correction range. Correction velocity magnitudes
are presented for several values of deviation in asymptotic approach

distance to indicate the influence of that parameter.

Errors encountered in terminal corrections affect the selection of a

range for making the correction. Measurement errors are range dependent.

Correction execution errors are dependent on ZIV and F/W ratio. Since the

magnitude of correction errors varied only slightly for F/_ratios between

O.1 and 0.5 (Reference 2 ), errors corresponding to a F/W of 0.3 were used.

The rms deviations in ent._-yv_]nP_y and ent._y tr_jectorye!evationang!e

are indicated in Figure 109 and110 . The deviation in entry velocity

is insignificant. The allowable deviation in trajectory elevation angle

at entry establishes the range for termin_! correction. For the applicable

conditions, the required correction range and the corresponding velocity in-

crement are shown in the su_ma_ of terminal corrections presented in
Table 24 •

TABLE 24

SV_TMARY OF TEP/_NAL CORRECTIONS FOR MARS A_[OSPHEFIC

ENTRY MISSIONS

Trajectory Entry Entry Correction Correction

Number Corridor Angle Range, Velocity
Half-band De_ation , n mi Increment,

Width, degrees Ft/sec
degrees

1 2.5 _ 2.5 72,000 380

0.5 + 0.5 4h,ooo 36o

Conclusions

The analyses conducted have indicated a need for terminal corrections in

missions using orbit-establishment maneuvers prior to landing and in

missions using atmospheric deceleration entry maneuvers for direct
landing. The magnitude of the velocity requirements have been determined

and presented for propulsion systems with a nominal 0.3 initial F/W

ratio. However, the velocity requirements analysis indicated that for a

F/Wrsnge from O.i to 0.5, the change in results is negligible.

17o



ROCKETDYr_I E

A DIVISION OF" NORTH AMERICAN AVIATION _NC

e,,_ uoT_.o_..zoo

"17"1

N

0
.Q)
_J

r.,)
0

o

o

a)

0

_o

.<

.,'4 O)

c_ I--I

¢0 0
r'l

o_

0 0

_o



IIO CK E T D¥1"_ E

A DIVISIOP_ OF" NORTH AMERICAN AVIATION, INC.

_O
O
rl

/
q

/ / "'

. l:m lz

r-I

 172



RO(_KETD¥_E
A DIVISIOI% OF + I_OI=ITH AMI='I_IC+I_t_ AVIATION. INC

_ ;_'c:I _o_o_o0

].73



o
0

v

.r',
0
0

rd

N

0
°:-_

.c-I

0

o

r-t

0

ROCKETDY_E
A DIVISION OF NOf:_TI-4 _VE_IC_ AVIATION. INC

"p_ u #a,qu_ uo_oe,x.zo_)

i

/



tZOCKETDY_E
OlVlSION OF NORTH AM£_ICAN AVIATION 1NC

i , ii " _ I i , iii i J , I II[ i i

The results indicate that for aerodynamic direct-landing maneuvers, the

use of terminal correction will permit successful entry, into the entry

corridor and a propulsive phase for deceleration is not a requirement.

The n_minal traJectory conditions and recuired c_rrections for the

selected orbit-establishment an_ aerodyn_centry missions are summarized
in Tabl@ 25 •

1._cion

.TABLE 25

NOMINAL COPJ_ECTIONS FOR :CARS MISSIONS

Hyperbolic Deviations from Correction Correction

Arrival No._nal Asymptotic Range, Velocity

Velocity, -Miss Distance, n ml Increment,

ft/sec nmi ft/sec

Orbit

Estab-

lishment 12,000 2450 46,000 630

Direct

Entry II,000 2460 72,000 380

Direct

Entry 34,400 475 44,000 360

The magnitudes of the required velocity increments are sufficiently small

to preclude the need for dual correction schemes as were used for Earth
terminal corrections.
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PEOPbLSIVE MARS ORBIT ESTABLISHMENT

A_,- DEPARTL_E NAI_UVERS

OptLmization of thrust-to-weight ratios (F_) for propulsive orbit

establishment and departure maneuvers at Mars was conducted by means of

the nGmograph technique described earlier for Earth m&ssions. The

propulsion requirement nomograph is presented in Figure i11 , and the

applicable factors for introducing _/W effects are presented in Figure 112 •

The variables considered were the thrust-dependent weight factor, KE,

the propellant-dependent weight factor, KT, and specific impulse.

A nom_nal value of hyperbolic excess velocity_ corresponding closely to
a minLmum-energy transfer, _as utilized; op_mtL_ :/w was demonstrated

previously to be relatively insensitive to h_erbolic exc£ss velocity,

and it was, therefore, not treated _s _ variable in the present analysis.

Results are presented in Figures 113, 11&, 115and 116. As in previous

studies, the most significant result is the relative flatness of the

payload curve in the neighborhood of the optimum point, resulting in a

wide range of F/W values over which payload is close to its maximum

value. _nis result is emphasized by the data presented in Figure 117 .

The effect of hyperbolic excess velocity on payload for a Mars orbit-
establishment mission is presented in Figure 118. The r_pid dropoff

to zero payload indicates that for high values of h$_erbolic excess

velocity, i.e., short Earth-Mars trips, aerodynamic brskLng should be

employed to provide at least a portion of the total required deceleration.

Thefeasibi!ity of establishing s Martian orbit using an atmospheric

grazing maneuver follo_;ed by a propulsive maneuver has been investigated
in a similar manner to the analysis performed for Earth. The entry and

exitaltitude fcr the Martian atmosphere is 1,h25,O00 feet and the entry

and exit angles range from 10 to 30 degrees. Three impulsive techniques
for establishing an orbit following the graze maneuver have been investi-

gated: l) two impulse direct-to-orbit, 2) coast to apoapsis_then two
impulse to orbit, and 3) a three impulse maneuver. These three schemes

are discussed in further detail in the section dealing with Earth orbit-

establishment maneuvers.

The impulsive velocity requirements for the three schemes are presented in

Figures 119 through123 . A su_a_ry of the three schemes is given in Figure
124 for an exit angle of 20 degrees. The figures indicate a trend similar

176
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to that noted in the Earth analysis in that schemes 2 and 3 yield the

lowest velocity requirements over most of the range of exit velocities

;hem_ 2 for exit velocities less than 1}4,000 ft/sec and Scheme 3 for

exit velocities greater than 14,O00 ft/sec.

The applicability of the atmospheric graze maneuver to a given mission

_dl! 4_p_nd on the vehicle configuration _nd constraints (i.e._ _axim,±m

g lir_it, heat shielding, etc.). If the vehicle is capable of executing

the graze maneuver, considerable sa_ng in propulsive energy can be

realized over a direct orbit est_b!isbs_ent maneuwr. Since the velocity
r_quir_mentz for orbit est_blis_ne_t _ 7_.._,c,_._,._r:_ the graze may be approxi-
mated by the difference betwee_ exil (from the graze) and orbital velo-

cities, the propulsion requirements for _ combined graze _nd propulsion

maneuver are less than that of the direct propulsive maneuver by approxi-

mately the amount of velocity reduction achieved by the graze.
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PROPbLSIVE/AERODYNAMIC BRAKING MANEUVER FOR MARS ENTRY

The analytical techniques and assumptions required for the analysis "of

propulsive/aerodynamic landings were described indstail for Earth re-entry

systems, and do not warrant additional discussion at this juncture. In
general, the results can be stated in a manmer similar to the Earth

re-entry results: if the resulting _bl_tion veight characteristics ncree

_-ith ,he curreut estimates, propulsive deceleration is not required for
_chiev_._.ent cf ma_-_m payload.

The results of a parametric study of a Mars entry vehicle are presented
in Figure125 . The optimum propulsive AV for a mission characterized by

a particular hyperbolic excess velocity is equal to the vertical distance

between the arrival velocity curve and the optimum entry velocity curve
for the appropriate ablation characteristic.

:'_5'.STE?'.'_N_I_ECKLTEp_TION _4ASE SYST_J_S

•,,e _resence cf an atmosphere about "__._rs indicates that parscbute/retro-
_c_e_, :mpsct device sys+e_v_ such _s those described earlS er for Esrth

!sndings are applicable to the terzAnsl deceleration phase of a Mars

landing. Appropriate expressions for parachute end retrorocket "_;eightsWere

ebtained from previous results by replacing values of the E_.rtb gravi-

tational constant and atmospheric density %-ith the ccrrespondlrg Mars
v_lues.

Pararocket System

For a Mars landing, a parachute systeZ is not as efficient as for Earth

since the _tmospheric density at the surface of the pl_Det is considerably

less than that of Earth. The comb!nation of the less dense atmosphere

and the smaller gravitational force shifts the optimum.,parachute terminal
velocity to a higher value.

The same system parameters were varied as in the case for the Earth landing

system. The effect of parechute terminal velocity and rocket F/W on system
weight for impact velocities of i0 and 25 ft/sec respectively are presented

in Figures 126 and 127 • The optimum pararocket system weights and optimum

F/W values obtained from Figures 126 and 127 are presented in Figures 128 and

129 respectively.

For s design impact velocity of i0 ft/sec and nominal weight assumptions,

the optimum Vm is 120 ft/sec (Figure 128) and the optimum rocket F/W is 0.925

(Figure 129). _ Under these conditions, the pararocket system is h.4 percent

of the vehicle weight. The corresponding data for a 25 ft/sec impact velo-

city are 120 ft/sec, 0.85 and 4.0 percent fcr VT, F_._ and percent of vehicle
weight respectively.
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Par_chute/Retrorocket/Impact Device System

The optimum parachute terminal velocity and rocket F/W of a pararocket

system for a Mars landing are presented in Figure 130 as a function of

impact velocity. The weights of these optimum systems, along with the

weights of parachutes and frangible-tube impact devices alone, are sho_
• I_" .....In • _._ = 131 _P_'-_................ "................. _ ..........

e_cessive!y heavy p_rachutes for possible p_r_chute/impact device systems.
m% •
• ,is combination was therefore exar_ined only briefly for use in the Mars

!_r.d_g application• The pararocket/imp_ct device weights were

combined to obtain the overall weight of the terminal deceleration system

as a function of impact velocity. The rcsults, presented in Fi_e 132 ,

_.d,u_e an optlm_ i:T_pactv_±oc_$, of _> z_/sec, though a variation of

+ 15 ft/sec can be applie_ _ithout significantly penalizing the weight

_f the landing system. The opti_um co,nbined psrarocke%/in_o_ct de_ce system

constitutes approximately h.7 percent of the landing vehicle weight.

Effect of Off-Optimum Operation of the Retrorocket. For a Mars landing,
the optimam system (a psrsrocke_ and a frangible-tube impact device) has an

impact velocity of 35 ft/sec. The cptim_ parachute VT is approximately
120 ft/sec and the optimum rocket F/W is approximately 0.80. If the retro-

rocket operates under nozinal con4iiions, the ignition occurs 256 feet above

the surface and the burning time is 3.3 seconds. For this preliminary
analysis, the deceleration during retrcrocket operation was assumed to be
constant.

If the rocket thrust is increased 5 percenl,, _n,_ i_ fires until touchdown,

the impact velocity will be 25 ft/sec assuming 5 percent additional propel-
lant is available. If the thrust is decreased by 5 percent, the vehicle

will strike the ground at 45 ft/sec, before the 3.3 firi_g time has
elapsed.

If ignition occurs I second early (4.3 seconds before touchdown), the

desired impact velocity will occur above the surface. Assuming that the

rocket operates at design thrust, the vehicle will continue to decelerate

to an impact velocity of 9 ft/sec at touchdmn% again providing sufficient

propellant is available. If the ignition occurs 1 second early, and the

engine fires for the nominal 3.3 second period, the design impact velocity
(35 ft/sec), and burnout, will occur 48 feet above the surface. The vehicle

_ll then have a parachute-drag force acting on it and the _mpact velocity
will be slightly higher than 35 ft/sec.

If ignition occurs i second late, the vehicle wlll not decelerate to the de-

sired impact velocity and would strike the surface at approximately 60 ft/sec.

Design of the frangible-tube system for 60 ft/sec rathe_ than 35 ft/sec

impact would increase its weight from 0.9 to 1.6 percent of the gross weight.
?
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Thus, actual overall system weight would be 5.6 percent of gross weight

r_bher than the 4.7 percent gross weight sho_m previously. The 1-second

_ariation in time used in this analysis is probably somewhat high, but

the preliminary results emphasize the fact that late ignition is a
critical item.

STstem Selection

The results indicate %,hat for design impact velocities below 75 ft/sec,

±he p_rarccket system (parachute plus retrorocket) results in a lower

system weight than use of a parachute only. (.This result was computed

_"÷ is not _ .... " _.......... ) -_w_ .........._........values

of the thrust-to-(Earth) weight of the retrorocket and the ter_/nal

velccihy of the p_rachute, based on a design impact velocity of I0 ft/sec,
are L'.9 and 120 ft/sec respectively; the optimum pararocket represents 4._

percent of the landed gross weight. The lightest overall system obtained

was a pararccket/impact device combination with an impact velocity of

35 ft/sec, a rocket F_T of 0.8, and a parcchute terminal velocity of

120 ft/sec; the system constituted 4.7 percent of the landed weight .

A s_m_.ar# of the minim_m-weigD_ systems for the optimum impact Velocity,

and for impact velocities of lO ft/sec and 25 ft/sec, is presented in
Table 26 .

TABLE 26

w,,':=±l_n_ SYSTD_ _IGHTS

}[inimumWeight

Configuration

Percent Gross Weight

Optimum VF = 35 ft/sec VF = I0 ft/sec VF - 25 ft/sec

Pararocket/Impact
device

4.?

Pararocket/

Impact device

5.0

Pararocket/

Impact device

h.8

Preliminary analysis of the retrorocket indicates that the most critical

conditions are low thrust level operation or late ignition, Both these

conditions result in impact velocities considerably above the expected

value. Thus in the actual design, the impact energy absorbing device

must be designed with an adequate margin for errors in impact velocity.
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_t_2_ FROPUI_r/E TAKEOFF Ah_ LANDING

Advanced planetary missions include landings on, andtakeoffs from, the

planet Mars. The takeoffs must be propulsive maneuvers. Although

the propulsive aerodynamic braking analysis has sho%m that aerodynamic

deceleration iSjin general, more efficient, early missions may, because

of a+_mospheric _cert_!nties or mission philosophy, use a propulsive

landing. Therefore, propulsive landings and takeoffs were investigated.

Integrated trajectories for a }iars takeoff to a 300-n mi circular orbit

and for a Hats propulsive landing from a 50-n mi circular orbit _re

determined in the present Stu_. An O2/H 2 vehicle was assumed in all

cases. Both the launches and the landing were ass_T.ed to take place in the

direction of planeta._# rotation at the planetary equator=

_. s_ector_ Characteristics

Takeoff Maneuvers. In the t3_e of simulated takeoff trajectory considered,

the vehicle first rises vertically. The vehicle then turns, and the

flight continues _th thrust parallel to velocity. If necessary, in order

to prevent negative f!i_ht path ansles , the tlL_ust p_!Sel-to-velocity r_n-

euv_" i_ terminated c_x! a const_mt-_ititude, v_rieb!e t!_u_t-orientatien-ans!e

maneuver is used for the remainder of this propulsive phase. The maneuver

is terminated when the vehicle has sufficient velocity to coast to the

desired orbital altitude. After the coast-to-orbit altitude, a constant-

altitude, variable thrust-orientation-angle maneuver increases the

vehicle velocity to orbital velocity. The angle tPmough which the

vehicleturns to initiate thethrust parallel-to-velocity maneuver is

optimized to determine the maximum psy!oad the vehicle __!I deliver.

Landin_ Maneuvers. In the simulated continuous-pcwered landing trajectory

considered for the Mars propulsive landing, the vehicle first decelerates

from orbital velocity using a constant altitude, variable thrust-orienta-

tion-angle maneuver. Following this maneuver, the vehicle enters a thrust

parallel-to-velocity maneuver which continues until the vehicle is near

the planet surface with a low velocity. The vehicle then turns and

descends vertically to the surface.

The planetary landing considered in this study takes the vehicle to a

point near the surface with zero velocity. The final hover-translation

phase of the landing was not included.
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Vehicle Description

A single stage vehicle was selected for both the Mars landing and takeoff,

since velocity requirements are in the range efficiently performed by a

single stage. Vehicle thrust-to_<ars weight ratios between 1.2 to 2.0

were considered. For the Mars takeoff, which was considered to be the

maneuver of primary interest, the stage jettisoned weights were determined

using thrust-dependent <KE) and prouellant-dependent (KT) weight factors.
This allowed the se!ecticn of _n optimum thrust-to-_eight ratio for this

maneuver. Propellant-dependent jettisoned weight was assu_ed equal to

O.I0 t£_.es the propellant weight and thrust-dependent jettisoned weight

was assumed equal to 0.02 ti_,es the thrust level. For the Mars landing,
an integrated tr2jectory was deter,,_ine_ orgy fc:- an initial thrust-to-_Mars)
weight ratio of 0.855. _"_,!s res_Ite_ in a thrust-to-(!_ars) weight of

about 2.0 at touchdown. For the landing stage, the stage propellant
fraction was ass_ed to be 0.90.

The characteristics of the engine systems used in this study are presented

in the follo_dng table. The engine systems considered are representative

of p_mp-fed designs using 02/H 2 propellants.

TAHLE 27

ENGI_ PERFOF_ZCE

Chamber Pressure

Nozzle Expansion Area Ratio

Vacuum Specific Impulse

Surface Specific Impulse

Mars Takeoff and

Lending Engine

650 psia

50:1

432 seconds
411 seconds

"',)

The drag coefficients used in the study arepresented in Figure 133 .

Curve A is similar to the characteristic for conventional, Earth-

launched ballistic missiles, and was used in both the landing and takeoff

analyses. Curve B has CD values twice those of curve A, and was intro-

duced to illustrate the effect of vehicle drag characteristics on the
takeoff maneuver.

Results

From the integrated trajectories computed, a curve of ideal velocity re-
quirement versus takeoff thrust-to-weight ratio was determined for a Mars

takeoff to a 300-n mi circular orbit. This information is presented in

FORM 608-B (LEDGER) REV, t 5B
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FiFure 13_ • The pa_-io_c-tc-gross weight ratio for the assumed Mars takeoff

st3ge is presented in Figure 135 • A takeoff thrust-to-(Mars) weight

af about 2.0 provides the highest vehicle payload for a given vehicle

gross weight as indicated in Figure . A lower t,hrust-to-weight ratio

would be selected if the maximum payload for a given thrust was desired.

The two drag curves considered yield payloads which differ by about 7
percent.

•he Mars l_nding from a 50-n mi orbit required s s_a_e _deal velocity

-ncremant of 12,430 f%/sec. This ideal -o" ^_--..±___ is significantly

dl___. _n. from the ideal ve!ocitj- requirements for the takeoffs, which

range from zbout 14,000 to 16,000 f%/sec. Part of this difference (about

._ :, i_.) _ _ +_ +_ difference in ^_+ _ _'_+ The _-_;_--

ve!ocit_- requirement is also !o_:er because of the effect of drag. The

dr_g force, %'hich _cts to slow the vehicle, _s_is+s the propulsive thrust

during the !sndin_ but opposes the thrust durinz '. _ tai{eo_f. The landing

vehicle has a p_yload -to-gross weight ratio of :?.3h for a stage propel-
_.-_ fraction of 0.90.

Only one type of trajectory was considered for each maneuver in this

studl-. Other trajectory types might result in a more optlm_&m flight path

_nd consequently higher payloads than those presented. In addition, the
,_'_" " of "___ec_ thrus_-to-weight ratio was not considered for the . ars landing.

The ideal velocity requirenents presented in_ni_ stud_- therefore are not

necessarily as low as those that might be obtained by _o_E detailed

analysis, _" + +-,o_ do indicate the approximate ....I ^ "*_uu ..... _ ;= vc__ _i_gnitude required.
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EARTH-VENUS MISSIONS

TRAJECTORY SELECTION

The trajectory characteristics of several Earth-Venus missions are presented

in Table 9_ Th_ _nd_e_ted missions are repeated every <2), _o,,_ _ .......

the orbit of Venus is very nearly circular (eccentrScity of 0.007 as compared

to Mars-orbit eccentricity of 0.093), the cycle-to-cycle repeatability of
Venus missions is. close to exact.

The minimum-energy mission, items (3) and (5), resembles the minimum-energy

Mars m_ssion describ@d earl_er_ in that a long (},<?,_j, _o_r)__jVenus _-_..__+....+_-_ is

required while awaiting the appropriate Earth-return launch date. For

shorter trips, the optimum mission might be selected by minimizing total

velocity requir_nents; this is approximated by the 356 day trip represented
by items (I) and (2); alternatively, it might be more effective to increase

the Esrth-departure propulsion requirements, item (6), s_nce the limited

space exposure of the system greatly reduces shielding and insulation

requirements for propellant tanks I resulting in a higher propellant fraction

in comparison to Venus maneuver propulsion systems . The resulting high

Venus arrival velocity is relatively unimportant since aerodynamic braking

is likely to be _mployed. A reasonably favorable Eirth-return phase,

item (7), is obtained. Equally, or perhaps more, important than the modest

reduction in Venus-departure velocity requir_ents, as compared to item (2),

is the 80-day reduction in required propellant-storage duration for the

Venus-departure propulsion system.

As in the previous case of Mars trajectories, there is insufficient design

i_Sormation available to warrant a firm preference for one mission profile

over another. On the basis of available evidence, the 300-day mission

described in items (6) and (7) may be suited to a manned Venus expedition.

TEF_AL CORRECTIONS FOR EARTH-VENUS TRAJECTORIES

There are alternate landing concepts applicable to Venus landing missions.

The vehicle can first enter an orbit about the planet, and from there

descend to the surface. Alternately, the space vehicle can employ atmos-

pheric brakir_ for direct descent to the surface. In either case, there

is a necessity for terminal corrections since midcourse correction analyses

2O9
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for uhe missions studied have shown that the vehicle will not approach

the planet w_thin allowable accuracy tolerances. The propulsion require-
ments for the terminal corrections have been evaluated in a manner similar

to the Earth and Mars studies.

Propulsive Orbit Establishment

An analys_s of terminal corrections required for missions which include

establishment of a 300-n mi circular orbitby propulsive maneuvers has

been performed in conjuuctionwith another study . The method of analysis

is presented in Reference 2 . The Earth-Venus trajectory used in the

analysis is summarized in Table 29 •

TABLE 29

EARTH-VRq_S. TRAJECTORY FOR ORBIT ESTABLIS_h_ENT MISSION

Launch Transfer Hyperbclic

Date Time, Arrival Velocity,
days ft/sec

Nominal Asymptotic Actual Asymptotic

Approach Distance, Approach Distance,
n mi n mi

20 Nov. 1965 150 12,500 I0,O00 12, __20

The actual asymptotic approach distance resulting from midcoursecorrection
inaccuracies was 12850 n mi, a deviation of 2850 n mi frcm the desired value.

The relative_j long transfer mission and related low hyperbolic arrival

velocity was selected as representative of propulsive orbit-establishment

missions since faster missions usually result in excessive propulsive ZIV

and propulsion syst_u weight requirements.

The terminal correctS on velocity requirenents for the mission are presented

in Figure 136 along with the equivalent requ_renents for several values of

asymptotic approach distance. A crossplot of the curves is shown in Figure

137 to indicate the decrease in correction velocity increment with reduction

in asymptotic approach distance deviation.

Additional analysis of terminal correction errors was perfonned to evaluate

deviations in altitude of the propulsively-established orbit. The errors

encountered were range-dependent, and therefore their effects were evaluated
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as a function of range (Figure !38 ). An allowable tolerance of I0 percent
(30 n mi) in the deviation of apoapsis altitude of the orbit was selected

for determining the appropriate range for applying the terminal correction.

The correction range obtained from Figure 138 and the magnitude of the

correction velocity increment (Figure 136 ) corresponding to that range
are _,r_ _,_ q'_,l_ "_n

TABLE 30

TE_{_,_AL CORRECTICN FOR V_US ORBIT-ESTABL!SHMEIff MYSSION

Mission Nominal Orbital Apoapsis Altitude Correction Terminal

Altitude, Tolerance, Range, Correction AV)
n mi n mi n mi ft/sec

Esrth- Venus 300 30 61, O00 550

Atmospheric Entr_

Terminal corrections required for direct aerodynamic entry into the Venusian

atmosphere were analysed in a manner similar to previous Earth and Mars

studies. The Earth-Venus transfer is described in Table 31 •

TABLE 31

EARTH-VENUS TRAJECTORY FOR A_OSPHERIC ENTRY MISSION

Trajectory Launch Trip Hyperbolic

Number Date Time, Arrival Velocity,
(see Table 4 ) days ft/sec

5 5 April 1965 265 15,900

The study was based on a nominal initial thrust-to-(Earth) weight ratio of

0.3; however, a wide range of F/W values can be utilized without changing
the results obtained.

mi
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The deviation from nominal asymptotic approach distance which existed

at conclusion of the midcourse correction maneuvers is indicated in

Table

TABLE 32

V_US ARRIVAL CGhq)ITIONS

Trajectory Hyperbolic Nominal Deviation Actual

Number Arrival Asymptotic in D (ZkD), Asymptotic

(See Table 4 ) Velocity, Approach n mi Approach

ft/sec Distance (D), Distance _Da) ,
n mi n mi

5 15,900 7780 3150 10,930

The combination of Voo and Da from Table 32 represents a trajectoK¢ with
atmospheric entry conditions outside the allowable Venus entry corridor

described in Figure 139 • Therefore, terminal corrections were applied to

modify the trajectory. The terminal correction objectives are given in
Table 33 •

TABLE 33

NG_YNAL ENTRY CCNDITYONS INTO THE A_OSPHERE OF VENUS

Traj ectory Entry Entry

Number Altitude (he) , Velocity (VE) , (V_Vco)
feet ft/sec

Entry Trajectory

Elevation Angle (_),

degrees

5 435,000 36,870 I. 57 -7 •55

The magnitudes of terminal corrections are plotted in Figure 140 as a

function of correction range. Correction velocitymagnitudes are pre-

sented for several values of deviations in asymptotic approach distance

to indicate the influence of that parameter.

The study of measurenent and execution errors encountered in terminal

corrections produced the rms deviation in entry velocity and entry tra-

Jectory elevation angle indicated in Figure lhl • The deviation in entry

velocity is insignificant. The allowable deviation in trajectory elevation

216
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anFie at entry establishes the required range for application of the

terminal correction. For a single correction, the range and the

corresponding velocity increment are shown in Table Sh •

TABLE 34

SD_GLE TE_IINAL CORRECTION FOR VENUS A_0SPHERIC ENTEY

Trajectory Entry Corridor Entry Angle Correction

Number Half-Band Width, Deviation, Range,
Degrees Degrees n mi

Correction

Velocity Incr_ent,
ft/sec

5 0.4 _O.4 14,000 3,800

The velocity requir_ents for a single terminal correction were considered

excessive; therefore, the use of two corrections was investigated. In the

dual correction scheme, the first correction was applied at IOO, OOO n mi.

An error analysis study of a second correction applied to this corrected

trajectory gave the resulting rms deviations in entryparameters shown in
FiDlre I_. The entry angle was the predaminant factor to be considered.

A second correction range was determSned to give an entry angle deviation

_.Jhichsatisfied the entry corridor requirement..

The dual correction sch_e is summarized in Table 35 •

TABLE S5

SL_S4ARYOF TF_INAL CORRECTIONSFOR V_NUS ATMOSPHERIC

Trajectory Entry Corridor
Number H_if-Band

, Width,

degrees

5 o.h

ENTRY MISSION

Correction

Correction Range,
n mi

Ist IOO,0OO

2nd 16,OO0

Entry Angle Correction. Total

Deviation, Velocity Terminal

degrees Increment, Correction

ft/sec AV, ft/seo

+..]_.7 hgo
•+..o._ 330 620

..7

220
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The use of dual correction schenes greatly reduced the velocity requirements

of terminal corrections for atmospheric entry at Venus. The magnitude of

the saving, 3180 ft/sec, clearly warrants the use of a dual correction scheme,

despite the addition of a requirement for engine restart capability. With

the terminal corrections,• the required entNj corridor can be successfully

established, as in the case of Earth and Mars, without an additional propulsive

dcce!eration phase.

PROPULSIVE V_US ORBIT ESTABLISHMENT A_ DEPARTURE MAk_W3VERS

The propulsSon requirement homographs utilized in the thrust-to-weight (F/W)

_.._o_t_on and _ _ _ maneuversa.a_jo_s for ,_._s _

are presented in Figures l_ and l_h- The techniques described previously
were employed to determine the optimum F/I'_values for representative non-

cr-jogenic and cryogenic s_:stems.

The results present@d in Fio_ulres145 and 146 considered in conjunction with

earlier results for other planets, indicate a consistent opti_.um thrust-to-

planet-weight ratio for orbit establis_nent maneuvers. This is demonstrated

5n Figure 147; corresponding values of thrust-to-Earth-weight ratio are

presented for comparison.

The effect of h.vperbolic arrival velocity on pa?-load capabilities for a

Venus orbit establishment maneuver is sho_m in Figure 148for a cryogenic

propulsion system. It is e_ident that combinations of sufficiently high

excess velocity and sufficientSj low propellant fraction can result in

zero payload capability; this result, however, is for all-propulsive orbit-

establishment maneuvers, and does not consider the possibility of aerodynamic

braking.

VENUS ORBIT ESTABLIS_ENT FOLL_._NG AN A_-,[OSPHERIC GRAZE

The feasibility of establishing a Venusian orbit using an atmospheric grazing

maneuver followed by a propulsive maneuver has been investigated in a similar

manner to the analysis performed for Earth. The entry and exit altitude for

the Venusian atmosphere is 435,000 feet; and the entry and exit angles range
from 5 to 10 degrees. Three impulsive techniques for establishing

an orbit following the graze maneuver have been investigated: I) two-impulse,

direct-to-orbit, 2) coast-to-apoapsis, then two-impulse-to-orbit, and 3) a

three-impulse maneuver. These schenes are discussed in the section dealing
with Earth orbit-establishment maneuvers.
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Fig. l_. Thrust-to-Weight Comparison for Nominal Planetary Vehicles
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The impulsive velocity requirements for the three schemes are presented in

Figures 149 through 153 • A summary of the three schames is given in

Figure 154for an exit angle of 5 degrees. A trend similar to that noted

in the Earth analysis is indicated in these figures in that Schemes 2 and 3

yield the lowest velocity requirements over most of the range of exit

v_I_÷_% Sch__ne 2 for __xitvelocities l_qs than 30,009 ft/sec and Scheme

3 for exit velocities greater than 30,000 ft/sec.

For vehicles capable of executing a graze maneuver, a propulsion savings,

as in the case of Earth and Mars, can be achieved.

"PROPULSI'_E/AE/_ODYN_4IC BK::KING Y_EUVER FOR VENUS _TRY

The anal_tical techniques and assumptions required for the analysis of

propulsSve/aerodynamic landings were described in detail for Earth re-entry

systems. The results for a parametric study Of a Venus entry vehicle are

presented in Figure 155. The results show that for current ablative heat

shield weSght estimates, the heat shield is more efficient than a propulsion

system. The optimum propulsive AV for a missSon characterized by a particvlar

hyperbolic excess velocity is equal to the vertical distance between the

arrival velocity curve and the optimum ent_ velocity curve for the appropriate

ablation characteristic. (See Figure 82 for the ablation weight curves.)

VE_._S TE_!I_L DECELERATION PHASE SYSTD_S

The high density of the atmosphere at the surface of Venus suggests that

for parachute/retrorocket/impact device systems, the optimum parachute

terminal velocity will be substantially lower than it is for Earth or Mars

landing systems. The present analysis was similar to those conducted for

Earth and Mars, and was directed at optimization of parachute terminal

velocity (VT) and rocket F/W for fixed impact-velocity systems, and olotimi-
zation of VT, F/W and impact velocity (VF) for parachute/retrorocket/impact

device systems.

Pararocket System

The effect of F/W and VT on the weight of pararocket systems for Venus

landings is presented in Figure 156 • The optimum parachute terminal
velocity is 40 ft/sec, as compared to 70 ft/sec for Earth and 120 ft/sec

for Mars. The effect of increasSng parachute weight by 50 percent is shown
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of Propulsive/Aerodynamic Systems.

140

Entry

2_6



ROCK ETDYI_IE
A OIVI_ION OF NORTH AME_IC_.N AVIATION. INCr

O.04

6.03

\

\
\

Nominal ParachUtel

Weight

, Vf = I0 ft/sec

Is = 240 seconds

L I

\ i

_ '

\ ,./"I/ I
\ \ ._ J

i11 ._"f" ._"
'\ jJ ,f"

\ .//"
N z_

• _

Vt = I00

Vt = 80

Vt = 40

V_ = 60

0.02

0.6

+
1.0

2.2 2.61.0 1.4 1.8

Earth T_ust-t_Weight _tio
+ i _ +
1.4 1.8 2.2 2.6

Venus T_ust-to-Weight _tio

Figure 156 • Effect of Parachute Termi_l _locity
an Rocket Thrust-t_Weight On Pararocket

System Weight For a Venus Landing

237



IlO CK ETDYI'%_ E
A OIVISION OF NORTH AMERICAN AVIATION. INC

in Figure 157 , and the effect of raising the impact velocity to 25 ft/sec

is illustrated in Figure 158 . If the parachute systmn weight is increased

by 50 percent, the system is only slightly heavier, and optimizes at a

terminal velocity of 50 ft/sec and a slightly higher F/W. •

of VT. In Figure 160 , the optimum Earth F/W values are given. For a
design _mpact velocity of I0 ft/sec and nominal weight assumptions, the

optim and F/W valu ft/secandi.22 respecti e as sho nin
Figure 159 and 160.

if the design impact velocity is increased to above L> f_/sec, _ne optimum

terminal velocity shifts to below 40 ft/sec and the optimum F/W is less than"

one. (The computer program analysis utilized in this study was restricted

to a local F/W _ l; therefore, the optimization of 25 ft/sec impact velocity

system was not completed.) With the optimum terminal velocity below 40

ft/sec, and a 25 ft/sec impact Velocity, the 2kV requirement of the rocket

is small. It would seam more reasonable to allow the parachute to perform

the entire retro task since the weight penalty for this nonoptimum syst_n

would be very small.

Parachute/Retrorocket/Impact Device _zstem

The parachute terminal velocities and F/Wvalues for optimumVenus landing

pararocket systems are presented in Figure 161 • The woights of these

systems, along w_th the weights of parachutes and frangible-tub_ impact

devices, are shown in Figure 162 • The weights of two tz_es of overall

landing systems, one comprised of a parachute and impact device, and the

other, of a pararocket and impact device, are presented in Figure 163 •

The results indicate that the pararocket and frangible-tube system is
lighter for design impact velocities up to 25 ft/sec, for a higher design

VF, the parachute and frangible-tube system is lighter. The minimum-weight
system has an impact velocity of approximately 40 ft/sec, uses the parachute

and frangible-tube device, and has an approximate system weight of 1.8 percent

of the landing vehicle gross weight.

System Selection

For impact velocities below approximately 25 ft/sec, a pararocket combination

is lighter than a parachute. The opt_m_n system for a Venus landing, based
on a I0 ft/sec impact velocity, is a pararocket with the rocket F/Wat 1.2

238
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an_ the parachute terminal velocity at 40 ft/sec. The optimum pararocket

constitutes 2.7 percent of the landed gross weight.

If impact velocity is unrestricted, the optimum landing system is a
parachute, with terminal velocity equal to 42 ft/sec, in conjunction with

a frangible-tube impact device. The overall system respresnts 1.8 percent
of __-e landed weight.

A s_Lmary of the minimum-_eight systems for the optimum impact velocity,
and for impact velocities of l0 ft/sec ana 25 ft/sec, is presented in

Table 36 •

TABLE 36

CCMBINED SYSTEM WEIGHTS

Systam Configuration Impact_ Velocity Percent Gross

(VF) , ft/sec Weight

Minimum Weight Parachute/Impact 42 1.8

Device

Limit ed V_ Pararocket/Impact IO 3.2
Device

Limit ed VF Pararocket/Impact 25 2.7
Derice

Limited VF Parachute/Impact I0" 5.0_
Device

Limited VF Parachute/Impact 25 2.7
Device

VER-JS TAKEOFF PROPULSION REQUIREMENTS

Takeoff from the planet Venus is a propulsive maneuver made particularly

difficult by the high drag resistance and poor rocket performance experienced

at low altitudes in the dense Venusian atmosphere. Integrated trajectories

zb6
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for Venus takeoff to a 300-n mi circular planetary orbit were computed to

determine the propulsion requirments for performing the takeoff maneuver.

An 02/H 2 vehicle was assumed in all cases, and the launch was assumed to
take place in the direction of planetary rotation at the planetary equator.

A conventional, thrust-parallel-to-velocity maneuver, described in greater
detail in an earlier discussion of Mars takeoffs, was employed; the vehicle

drag characteristic, shown as Curve A of Figure 134 , was also obtained from

the previous analysis.

Because of the high ideal velocity requirement of the mission, 2, 3, and 4

stage vehicles were utilized for the Venus takeoff. First stage thrust-to-

(Venus) weight ratios of 1.3 to 1.7 were considered. In most cases, upper
stage thrust-to-weight ratios were set equal to first stage thrust,to-weight

ratios. For the two stage vehicle, however, alternate second stage thrust-

to-weight ratios were also considered. The stage propellant fraction was
assumed to be 0.90.

The characteristics Of the engine systems used in this study are presented

in Table 37 • The engine systems considered are representative of pump-

fed designs using 02/H 2 propellants.

TABLE 37

ENGINE PERF0_YLANCE

Chamber Pressure, psia

Nozzle Expansion Area Ratio

Vacuum Specific Impulse, seconds

Surface Specific Impulse, seconds

Venus Takeoff Engines

First Stage

I000

5:1

381

31o

Upper Stages

I000 I000

50: I I0: i

435 4o3
-277 260.

The 50:1 expansion area ratio engine was used in the second stage of the

2-stage vehicles, the third stage of the 3-stage vehicles, and the thi_

and fourth stages of the 4-stage vehicles. The I0:I expansion area ratio

engine was used as a second stage engine in both the 3 and 4-stage vehicles.

J
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The results for the analysis of Venus takeoff to 300 n mi orbit are pre-

sented in Table 38 . This table shows the thrust-to-weight ratio of

each stage and the corresponding ideal velocity requirement necessary for

mission accomplishment. The payload which would result if each stage had

a propellant fraction of 0.9 is also presented.

A particularly interesting result which emphasizes the influence of the

dcnse Venusian atmosphere is that the ideal velocity requirement for the

4-stage vehicle is the lowest value of the enti_e list. Generally, the

presence of a large number of stages, because it implies a comparatively

low time-averaged thrust-to-weight ratSo, yields a high ideal velocity

requirement for a given mission. Yn this case, however, high acceleration

increases drag losses so rapid_ that it is more efficient t_ operate at

lower thrust-to-weight ratios and to tolerate higher gravity losses. The

result suggests that a throttleable engine (operated regressively until the

vehicle pa_ses above the dense portion of the atmosphere) might be best
suited to the Venustakeoffmission.

It should be emphasized that only one type of trajectory was considered in

thSs study. Othertrajectorytypes might result in a more optimum flight

path and consequently higher p_loads than those presented. The ideal

velocity requirements presented in this study therefore are not necessarily-

as low as those that might be determined by more detailed analysis.
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